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PREFACE

This publication contains the proceedings of the Solar Maximum Repair Mission Degradation
Study Workshop, held at the Goddard Space Flight Center in Greenbelt, Maryland on May
9-10, 1985. The main purpose of the workshop was to report on the results of tests and studies
of the returned Solar Maximum Mission hardware and materials. Specifically, the workshop was

concerned with studies of the effects of four years exposure to a low-earth orbital environment.

A summary of the results reported at the workshop is included in this publication. To provide
a background for the reported findings, the summary includes a short description of the Solar
Maximum Mission and the Solar Maximum Repair Mission. Some of the papers contained in
this publication have been submitted by the participating organizations after the presentations
were made at the workshop and may not necessarily have the same title and author/presenter as

in the workshop agenda.
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INTRODUCTION

The Solar Maximum Mission (SMM) spacecraft, built at the Goddard Space Flight Center,
was launched in February 1980 with solar flare research its primary objective. Launched near
the peak of the 11-year solar cycle, the SMM was put in a 310 nm, nearly circular orbit with
28.5° inclination. The spacecraft’s longitudinal axis was pointing at the Sun in a 3-axis
stabilized mode, so that the seven instruments aboard the spacecraft could monitor the activities
of the Sun. Some of the instruments required very fine pointing accuracy and stability to obtain
high-resolution data. During the initial period, the pointing accuracy of the SMM was better
than 2 arc-sec with stability less than I arc-sec.

The following instruments were carried by the SMM spacecraft:

Active Cavity Radiometer Irradiance Monitor
Coronagraph/Polarimeter (C/P)

Gamma Ray Spectrometer

Hard X-Ray Burst Spectrometer

Hard X-Ray Imaging Spectrometer
Ultraviolet Spectrometer/Polarimeter

X-Ray Polychromator

Six of the instruments were designed to observe solar flares in regions of the electromagnetic
spectrum ranging from visible light through ultraviolet and x-ray emission to gamma rays. The
seventh instrument, the Active Cavity Radiometer Irradiance Monitor, monitored the Sun’s total
radiation.

Equipment and Instrument Failures

The first months of the mission were very successful. The spacecraft and the instruments
operated flawlessly with hundreds of flares monitored and recorded. In September 1980, about
6 1/2 months after launch, one of the three gyro channels (Channel C) of the NASA Inertial
Reference Unit failed. The required attitude control was maintained, however, without
performance degradation by the two remaining gyro channels (A and B) until November 1980,
when three fuses burned out in the reaction wheel control circuits. In December 1980, a yaw
magnetic torquer also failed. A coarse attitude control mode was established using the
remaining magnetic torquers. The spacecraft was spin stabilized at a rotation rate of 1 deg/sec
with a coning motion that moved the Sun pointing spacecraft axis up to 15° off the Sun line.
Only two of the seven instruments were 100% operational (Gamma Ray Spectrometer and Hard
X-Ray Burst Spectrometer) since they did not require precise pointing. One instrument
functioned with limited capability (Active Cavity Radiometer Irradiance Monitor). Two of the
instruments were not able to operate due to the backup attitude control mode (Ultraviolet
Spectrometer/Polarimeter and X-Ray Polychromator) and two others had failed and were
inoperative (Coronagraph/Polarimeter and Hard X-Ray Imaging Spectrometer).
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Solar Maximum Repair Mission

The Solar Max spacecraft was the first spacecraft designed to be serviced and repaired in
space by the Space Shuttle crew. The Modular Attitude Control System (MACS) module was
designed to be an orbital replacement unit, but the instrument repair was more complex because
the Instrument Module (IM) was not designed to be repaired or replaced in orbit. Of the two
failed scientific instruments, only the C/P was considered repairable. An identical spare MACS
module was available from the Landsat program and a new C/P Main Electronics Box (MEB)
was built specifically for the repair mission.

The Solar Maximum Repair Mission (SMRM) was performed by the crew of the STS flight
41-C in April 1984. By this time the SMM orbit altitude had decayed to 265 nm. Attempts by
the astronaut using the Manned Maneuvering Unit (MMU) to dock to the spacecraft and to
stop its rotation failed. The docking attempts imparted to the spacecraft uncontrollable roll,
pitch and yaw rates. After the spacecraft was stabilized using specially uplinked software, the
spacecraft was grappled by the Orbiter’s Remote Manipulator System (RMS) and placed on the
Flight Support System (FSS) located in the Orbiter Bay.

The MACS module was removed from the SMM and placed on its temporary storage fixture
on the FSS. After the new module was mounted on the SMM, the old module was secured in
its landing location on the lower starboard side of the FSS. The entire MACS module
replacement took less than an hour.

The replacement of the Main Electronics Box of the Cdronagraph/Polarimeter was the next
repair operation. The MEB was replaced successfully, even though it was not designed for
servicing. The faulty MEB was stowed in a storage area in the FSS tool locker for return to
Earth.

After the replacement of the faulty equipment, the SMM was checked out and deployed to
provide more data near the Sun’s least active solar flare period. The Orbiter landed two days
later on April 14, 1984.

Post-Flight Handling of Returned Equipment

After landing at Edwards Air Force Base in California, the Orbiter and its returned payload
were flown on the 747 to the Kennedy Space Center (KSC). After three days in the Orbiter
Processing Facility (OPF), the FSS with MACS attached was removed from the Orbiter and
transported to the Operations and Checkout (O&C) building.

Because of concern that contamination may mask the environmental effects on the returned
equipment, the MACS and the MEB were bagged while in the O&C building and under QA
control with rigid handling limitations. The MACS and MEB were removed from the FSS and
placed in their respective storage containers. A one square foot wash plate and a fallout
grid/surface had been attached to the MACS in the OPF before removal from the Orbiter to
monitor molecular and particulate contaminants deposited from the time the MACS was taken
out of the Orbiter bay to when it was unpacked at GSFC. The same procedure was used with
MEB but the sequence started at the O&C building where the MEB was removed from the FSS
tool locker.



Clean room attire was used by the handling personnel at all times. Except for the time when
the units (MACS & MEB) were packed in their separate shipping containers, the units were
protected from contamination by bagging made of Capran 518. When the wash plates and
fallout plates were removed after unpacking the units at the GSFC, analyses indicated that the
protected surfaces were in better condition than required by Mil Std 1246A level 100A.

The returned hardware was stored in a class 10,000 cleanroom at the GSFC. Thermal blankets
were carefully cut and removed, then stored in display containers.

Post-Flight Analysis

The returned MACS unit and the MEB of the Coronagraph/Polarimeter offered an
opportunity to examine the hardware in an effort to determine the causes of the failures and to
study the effects of 50 months exposure to the Low Earth Orbit (LEO) environment. Natural
orbital environments, such as solar ultraviolet radiation, charge particles, atomic oxygen, and
micrometeroids have been demonstrated to degrade thermal radiative properties like solar
absorptance, and material mechanical properties such as elongation and tensile strength. More
subtle effects on surface electrical properties have also been observed. Similar effects can be
caused by self-induced environments, such as molecular and particulate contamination and by
space debris carried into orbit (or created) by the launch vehicle, the spacecraft, or the payload.

The atomic oxygen and space debris effects were for the most part noted from experiments
on STS-3 to 8. The contrasts in effects should provide a gauge to assess the reliability of
Orbiter based testing of materials for higher altitude and longer term predictions.

HARDWARE ANALYSES
Main Electronic Box

The Main Electronic Box (MEB) provides the control and data handling functions for the
Coronagraph/Polarimeter (C/P) instrument. The coronagraph creates an artificial total eclipse
of the Sun by using a series of external disks to prevent direct sunlight from falling on the
objective lens of the telescope. The C/P operated successfully taking pictures of Sun’s corona
for 5 months after launch before the first failure occurred. Fortunately, the failed microcircuit
could be bypassed by ground software. The second failure in the electronics occurred about a
month later, August 8, 1980, but the instrument was kept operating with only an occasional loss
of data. The third electronics failure occurred in early September, but a solution to prevent
unnecessary shutdowns was found by modifying the onboard software. The terminal failure in
the electronics occurred on September 23, 1980, which rendered the instrument inoperative.

Subsequent post-flight analysis showed that all the failures occurred in one type of integrated
circuit MM54C161J/883B manufactured by National Semiconductor. There were a total of 21
such microcircuits in use of which three failed. Electrical testing of two of the devices isolated
the failures to short circuited transistors. The third device could not be tested because of
damage during removal from the PC board. The short circuits were caused by defects in the
gate oxide material as a result of time, temperature and applied bias voltage. Several oxide
defects were also observed in the third device.
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In addition, nine National Semiconductor MM54C161J microcircuits were removed from the
MEB and tested. All nine devices had been operating properly on the MEB. Two of the devices
failed marginally the initial electrical tests. One device failed catastrophically a static burn-in test
at 125°C for 24 hours. The failures were similar to the in-orbit failures of the parts of the same
type. Also the parts had similar defects in the gate oxide material, which indicates a lot related
problem. There is some question about the burn-in of these devices before delivery. A proper
burn-in is an accepted determinant of a parts reliability and will usually weed out weak devices.

Radiation Effects of Selected MEB Electronic Parts

A total of 29 parts of 9 different types were submitted to static, dynamic and functional
electrical tests. The tested parts included flight parts and residual parts from the same date code
lot as the original flight parts. The flight parts had been under power or bias for the first 8
months and about 10% of the time thereafter. These parts also had a year to anneal at ambient
room temperatures on the ground.

The flight electronic parts showed no adverse effects due to the low earth orbit radiation
environment. Complex linear devices (0A108A) begin to degrade at low doses and dose rates
and will be susceptible to failure at higher altitudes and/or longer exposures. More detailed
evaluation of electronic parts in orbit will be possible from the CRRES mission planned for
1986 and from the Space Station. Radiation detectors will then actually measure the
environment experienced by electronic parts which will be simultaneously monitored for
electrical performance.

Selected Hardware Studies

The evaluation was performed on the returned module retension system preload bolts, MEB
honeycomb panel epoxy film adhesive and the thermal louver blade polyimide adhesive.

The two returned bolts were tested for yield strength and ultimate tensile strength. The tests
showed no degradation in either category and the results were comparable to those of an
unflown bolt.

The MEB honeycomb panel evaluation produced a conclusion that there was no degradation
in room temperature bond strength of the epoxy film adhesive.

The returned louver polyimide blade adhesive was tested for lap shear strength and compared
with unflown specimens. The results showed an average of 65% reduction in shear strength as
compared to the unflown specimens. However, the reduction was not considered a severe one as
evidenced by the bonding which survived the action and environments in good condition.

The returned thermal louver blades had red nodules on both sides of the blades. Evidence
suggests that the red nodules represent regions of pure polyimide resin cured in space.

Infrared reflectometer measurements were performed on the returned louver blades and
compared with those of unflown spare louver blades. The results showed no degradation of
infrared reflectivity. Also the louver blade open and close temperature settings showed no
degradation. The measured post-flight settings were well within the specification limits.
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NASA Standard Inertial Reference Unit (DRIRU )

The returned unit was the first production DRIRU II (S/N 1001) used as one of the
subsystems of the Modular Attitude Control System (MACS). The DRIRU is a self contained,
strapdown, three axis, dual redundant attitude rate sensing unit. Three orthogonally mounted,
two-degree-of-freedom gyros and a triplication of electronic modules and power supplies are
used to provide full operational capability with any two of the three channels. The gyros in the
DRIRU II are Teledyne SDG-5 Dynamically Tuned Gyros.

The investigation concluded that gyro channel C failed because of an intermittent electrical
short in the motor control logic. Because the failure occurred near the South Atlantic Anomaly,
much effort was devoted to determine if the failure could have been caused by radiation. After
extensive tests, it was concluded that radiation was not a probable cause of the failure.
Subsequent tests at the GSFC Parts Analysis Laboratory showed that the failures occurred in
three logic devices. Two of the devices failed because of an electrical overstress. As of this date,
the cause of the overstress has not been determined. The third device most likely failed because
time, temperature, and an out-of-tolerance logic supply voltage created a short at a latent defect
of the device. The defect apparently was caused by an irregularity in the manufacturing process.
(See ‘DRIRU II Electronics Parts Analysis.’)

After the system was reassembled with two substitute electronic modules, a full series of tests
were performed to evaluate the stability of the unit over the full operating temperature range.
Also the repeatability of the parameters as compared to the delivered state was investigated. The
test series were designed to repeat the complete 1978 acceptance tests.

The physical condition of the system was excellent with no apparent materials degradation.
There was no evidence of system performance degradation due to operational and other
environments. The system had excellent long-term stability of performance parameters over the
launch, orbital operation and retrieval environments during a 74-month period.

There was no measurable degradation of the shock/vibration isolators as evidenced by the
excellent alignment stability of the gyro axes through launch environments and over an extended
time period.

There was no evidence of structural or mechanical changes and no apparent outgassing or
degradation of exposed surfaces.

Examination at Teledyne found that the gyro ball bearings showed no excessive wear to
raceways, balls, or retainers. However, there was some dark colored, viscous residue mainly in
the ball tracks and the retainer ball pockets. (See ‘DRIRU Bearings and Lubricant’ for summary
of GSFC analysis.)

DRIRU Bearings and Lubricant

One of the DRIRU gryoscopes was disassembled and the bearings were returned to GSFC for
examination. The gyroscopes had been running continuously in orbit for 4 years at 6000 RPM.
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The bearings showed some wear in the form of tiny pits and scratch-line deformations.
Numerous tiny particles were observed clinging to the bearing parts after the case and the
hysteresis ring were removed. The particles had originated from the pits of the bearing races
and the balls.

The lubricant for the bearings is contained in the retainers which are made from a porous,
phenolic material. Examination showed that the bearings were lubricated.

The conclusion was that the bearings showed little wear and had a sufficient amount of
lubricant left to perform without problems for their predicted life of 5 years.

DRIRU II Electronics Parts Analysis

The failed part in the gyro channel C of the DRIRU II unit was an RCA CD4017AK
microcircuit, a decade counter. The part was submitted to the GSFC Parts Analysis Laboratory
for failure analysis. The tests determined that the failure was due to a short circuit through an
oxide defect underneath the output metalization. The defect was the result of a manufacturing
irregularity during processing. ‘

Two other devices, an RCA CD4049AK and a CD4081BK, both microcircuits of the DRIRU
IT gyro motor control logic, were submitted to the GSFC Parts Analysis Laboratory for failure
analysis. Both devices had failed in flight due to a fused open die metalization track. A pin on
each of the devices was open circuited to all other pins. The fused open metalization was a
result of electrical overstress.

Remote Interface Unit

The Remote Interface Unit (RIU) was designed and built by the Fairchild Space Company.
The first application of the RIU was on the SMM spacecraft. The unit provides two-way
communications between electronic packages on the spacecraft and a central command and
telemetry unit (CU) which decodes and distributes commands and generates telemetry formats.
The CU communicates with the On-Board Computer (OBC) through the Standard Interface and
with the ground via the RF equipment. ' 7 ' -

The standard MACS module carries two redundant RIU’s which have three operational
modes: ‘OFF,’ ‘Standby 1,’ and ‘Standby 2.’ The last two are sub-modes of the ‘ON’ mode.
During the flight, Unit A was operating in the full ‘ON’ mode (Standby 2). Unit B was
operating in the ‘OFF’ mode (only Bus Receiver/Control Logic and Power Converter
continuously powered). Throughout the flight, no malfunctions of the Units were indicated.

The RIU’s were returned to Earth with the MACS module and Unit B underwent a post-
flight engineering evaluation from Decembes 1984 until April 1985. The pre-flight tests were
performed in 1979.

Post-flight external and internal visual inspection revealed no degradation. Besides the visual
inspection, RIU B underwent two other kinds of engineering te$ts. Automated test equipment

was used to qualify the unit as a whole (‘GO - NO GO’). In the other test, a parametric test,
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each parameter was evaluated separately. The parametric evaluation included user telemetry
interface circuitry (active and passive analog linearity), phase lock loop performance, pulsed
output current and width, serial digital commands, serial digital telemetry, and power
dissipation. :

The tests were performed at ambient temperature, -20°C, and +60°C. The cold and hot
temperatures are the qualification limits. All parameters evaluated were found to be within
specification. When compared to pre-flight test data, in many categories the post-flight data
showed some improvement. The test results qualify the unit for reuse in another mission.

Three Axis Magnetometers

Magnetometers are used to sense spacecraft attitude with respect to Earth’s magnetic field.
Two Three Axis Magnetometers, designated as the primary and secondary magnetometer, are
part of the standard MACS module. The magnetometers are fluxgate magnetometers which pro-
duce three analog signals proportional to the magnetic field components along their input axes.

The magnetometers together with the magnetic torquers provided an important function dur-
ing one part of the SMRM when they were used to stabilize the spacecraft’s attitude. Only one
of the magnetometers was used during the SMM. The other, serving as a backup unit, was
never used because the primary unit did not malfunction.

After the magnetometers were returned to the manufacturer, they were subjected to the same
performance tests which were performed before the flight. The post-flight tests showed that the
magnetometers still satisfied the original specification requirements. The post-flight test data
nearly duplicated the pre-flight data.

Standard Reaction Wheels

The four Standard Reaction Wheels are components of the MACS module and are used for
attitude control and stabilization. They are essentially flywheels and work on the principle of ex-
changing angular momentum with the spacecraft body. Normally, three of the wheels are align-
ed with the principal axes of the spacecraft. The fourth, a redundant skewed wheel, is used to
replace any of the orthogonal wheels in case of a wheel failure. In normal operation it is run at
a bias speed to keep the other three wheels away from zero speed and to maximize bearing life.

After the return of the wheels to the manufacturer on January 24, 1985, they were subject to
visual examination, preliminary electrical checks, performance tests at ambient, hot and cold
temperature environments, and internal pressure measurements. One wheel, which showed a
slightly deteriorated performance, was selected for teardown,

Visual examination found the wheels in good condition. Preliminary electrical tests, continui-
ty, bonding, and isolation were satisfactory. The bonding resistance for two of the four units
was slightly above the requirements but was not considered excessive.

The internal pressure measurements indicated that the pressures were far below atmospheric,
confirming that the vacuum seal was still intact.



All four units successfully passed the performance tests with the exception of the 500 RPM
torque noise test using a .1 rad/sec high pass filter. However, the units met the torque noise test
with the 0.3 rad/sec high pass filter in the test circuit.

Individually, two of the units showed very similar performance results as compared to pre-
flight tests. One unit showed decreased bearing drag torques and extended coastdown times.
Another unit had a 45% increase in drag torques and reduced coastdown times, although it met
all requirements. It had been exposed to a no-load overtemperature (60°C) for approximately 3
hours due to a software problem.

Teardown analysis of the overtemperature-exposed unit showed an ‘as new’ appearance of the
internal components and surfaces. The lubrication analysis showed a greater lubrication loss in
the floating cartridge system than in the fixed cartridge system. An investigation package in-
cluding contamination wipes, lubricant samples, bearing components and photographs of some
items was sent to NASA GSFC for analysis (pending).

NASA Standard Star Trackers

The MACS module includes two Fixed Head Star Trackers (FHST) which are used together
with the inertial reference unit and the on-board computer to determine and maintain the
spacecraft’s attitude with the required accuracy. Because the star tracker is a very sensitive in-
strument, its image dissector tube must be adequately protected from high level light sources
such as the Sun. This was done by providing light shades and a shutter operated by a bright ob-
ject sensor. At the time of the grappling attempt, the trackers and the shutter were powered-off.
They remained in this condition until recovery.

The cathode of the image dissector tube detector was extensively damaged by the Sun follow-
ing the attempts by the astronaut to dock with the spacecraft using the Manned Maneuvering
Unit (MMU). The spacecraft was tumbling out of control for many hours before it was finally
stabilized so that it could be grappled by the Remote Manipulator System. The tumbling expos-
ed the sensitive cathode to the Sun causing permanent degradation. This prevented proper
operation of the tracker after return to Earth and made comparison with pre-flight
characteristics impossible. Otherwise, the tracker functioned nominally during testing at the
GSFC and the Kennedy Space Center.

“The trackers performed flawlessly during the Solar Maximum Mission. Because of inconsisten-
cies in the flight data, some questions arose about the position calibration and alignment. The
inconsistencies were attributed partly to a new calibration method and partly to the scarcity of
flight data.

During the period from the spacecraft failure to just prior to recovery, the trackers were used
occasionally, but were always adequately protected by the shutter.

The tests discovered that the ‘tracks’ made by the Sun across the cathode were insensitive
regions which could not produce an adequate signal to track a star. It was also discovered that
the lens of tracker S/N 001 had on its surface large peelings from the lens coating.



MATERIALS ANALYSES

Materials analyses have been performed on materials retrieved from the Solar Max thermal
control system, and on various impact particles that were imbedded in the thermal control
materials. The materials analyzed were aluminized Kapton and Mylar, and Dacron netting from
the multilayer insulation (MLI) blankets, and silver Teflon used on a thermal radiator and as
trim on louver assemblies.

MLI is used to thermally insulate various spacecraft components. The portions of the MLI
returned to Earth are primarily from the blankets used to insulate the MACS. Other pieces are
from the blanket that covered the Main Electronics Box of the Coronagraph/Polarimeter.
Aluminized Kapton is used for the top layer of the MLI. Other layers of the MLI are aluminiz-
ed Kapton (MACS) or aluminized Mylar (MEB) separated by Dacron netting. A summary of
the analyses is reported in the following section.

Silver Teflon is used on spacecraft components to increase the thermal radiation performance
of exposed surfaces. The silver Teflon removed from the MACS is from the thermal louver
assembly.

The chemistry of various impact particles, both natural and man made, has been analyzed.
These impact particles were found imbedded in the MLI and in the thermal louvers. A summary
of these analyses is reported in section ‘Impact Particles.’

Insulation Materials

There are two different forms of MLI insulation blankets returned to Earth from the Solar
Max. In both forms, the top layer is made of Kapton with an aluminum layer vapor deposited
on the inside surface. The bottom layer, the layer facing the spacecraft systems, is also made of
aluminized Kapton, with the aluminum facing the inner layers of the MLI. In both forms, every
layer is separated and supported by a Dacron mesh.

The MLI blankets that covered the MACS are composed entirely of aluminized Kapton. The
top and bottom layers are made of 2 mil Kapton, There are six to ten inner layers of 1/4 mil
Kapton, aluminized on both sides. The MLI taken from the Main Electronics Box is made of
aluminized Kapton and aluminized Mylar. The top layer is 3 mil Kapton and the bottom layer
is 1 mil Kapton. There are fifteen inner layers of 1/4 mil Mylar, aluminized on both sides.

The MLI materials have been analyzed by various investigators primarily using optical
microscopes and Scanning Electron Microscopes (SEM). In addition, infrared spectroscopy was
used to detect potential changes in the Kapton polymer structure, and a solar reflectometer
measured solar absorptance. Measurements have been made of Kapton samples by exposing
them to low pressure atomic oxygen discharge, to a microwave discharge rich in ultraviolet and
to a 3 Kv argon ion beam under high vacuum conditions.

10



Aluminized Kapton Degradation

The most apparent change in the MLI is the dull appearance of the top Kapton layers as
compared to the shiny surface of new Kapton samples. Thus, studies of the MLI samples have
con-centrated on a possible degradation of the Kapton material. Observations show the outer
Kapton surface to be eroded, thereby creating the dull appearance. This finding is similar to the
results of tests performed on-orbit during the STS-8 mission. Findings on STS-8 as well as
SMM indicate that changes in the Kapton are most likely due to the presence of atomic oxygen.

Degradation of the Kapton surface appears to be greater in areas cleaned during preflight
operations with an alcohol based solvent. The same study has revealed tunnel-like substructures
under the Kapton surface in the region of the interface between the alcohol wiped and non-
wiped areas. It is believed that this is caused by the diffusion of atomic oxygen through the
surface, and reaction with the underlying polymers. Associated with the thin tunnel surfaces are
small holes believed to be the result of atomic oxygen and UV interaction.

Infrared spectroscopy indicates that while there is obvious degradation in the Kapton, the
actual polymer stfucture has not changed. Measurements of thickness of the top Kapton layer
from the front of the MACS indicate that the Kapton suffered mass losses ranging from 0.54
percent to 31.4 percent. One sample from the bottom of the MACS suffered a 41 percent mass
loss.

In order to more specifically determine the cause of the Kapton mass losses, Kapton samples
were exposed to a variety of atomic oxygen Sources, ion sources and ultraviolet (UV) sources.
These tests suggest that the greatest surface etching is due to a combination of atomic oxygen
coupled with exposure to UV. The angle at which the surface is exposed to these elements is
probably significant.

Studies of the back side of the top Kapton layer from the MEB have revealed areas where the
deposited aluminum is missing. These areas include scratches most likely caused by the handling
of the MLI. Other areas are pinhole in size in a regular pattern, causing the illusion of
penetrations in the transparent Kapton layer. These transparent pinholes appear to correspond
with the knots in the underlying Dacron mesh, leading to the speculation that the knots have
rubbed the aluminum off. While some surface holes appear to be the result of atomic oxygen
and UV interaction or the illusion of transparent Kapton, other surface holes appear to be the
result of particle impacts. Not all of these holes show a total penetration. The subject of
particle impacts is discussed in section ‘Impact Particles.’

The significance of the Kapton degradation to spacecraft designers lies in potential changes in
the MLI performance. Measurements have been made of solar absorptance of the Kapton
material. The solar absorptance of the Kapton material is typically 0.37 to 0.41 prior to on-orbit
exposure. The post-flight measurements indicate that the solar absorptance of the SMM Kapton
samples has increased by 0.03 to 0.04. This increase is probably due to the optical scattering
effect of the degraded Kapton surface. This small increase should have little effect on the
performance of the MLI insulation blankets. However, greater degradation of the top Kapton
layer that may significantly affect the performance of the MLI, cannot be ruled out in future
missions.
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Inner Layer Material Degradation

An examination has been made of the aluminized Mylar films and the Dacron mesh from the
inner layers of the MLI which was used to cover the MEB. Optical microscopes of up to 400
power have revealed no erosion in these materials. The only apparent damage to these materials
was caused by the impact particles (see ‘Impact Particles’).

Silver Teflon

Silver Teflon is a thin Teflon film on which a layer of silver is vapor deposited. A layer of
Inconel is deposited on the silver for protection from the environment. The Teflon film used on
the SMM spacecraft is 5 mils thick with a 1500 Angstrom thick layer of silver and a 100
Angstrom thick layer of Inconel. Silver Teflon is used in the thermal protection system to
increase the thermal radiative performance of various exposed surfaces. The film is normally
applied so that the Teflon side is exposed to the orbit environment.

All silver Teflon samples given to investigators for analyses were exposed to the orbit
environment on the Teflon side. Some material was also exposed on the silver/Inconel side, due
to its unique application as trim on the MACS louver system (see ‘Post-Flight Photographs’). It
has been found in both cases that the surfaces were affected by the long duration exposure.

The silver Teflon has been analyzed, as in the case of aluminized Kapton, primarily with
optical and Scanning Electron Microscopes. The absorptance of exposed samples has been
measured and Energy Dispersive X-Ray Analysis (EDAX) has been used in conjunction with
SEM to detect the presence of trace elements. Some samples have been tested with exposure to
low pressure atomic oxygen discharge, and other samples have been subjected to tensile strength
testing.

Teflon Surface Degradation

Observations of Teflon exposed surfaces show evidence of a reaction to the orbit
environment. Unexposed Teflon is smooth in appearance, while the exposed Teflon has been
described as having a ‘bristle-like’ reaction pattern.

The bristle-like structures in exposed Teflon have also been described as cone-like structures.
These adjacent cones are easily visible in magnified views of Teflon samples exposed to atomic
oxygen and UV. The cause of this Teflon degradation has been studied by exposing a new
sample of silver Teflon to atomic oxygen alone. Although the Teflon surface was no longer
smooth, it did not have the deep cone structures of the SMM samples. There is speculation that
a combination of atomic oxygen fluence and UV exposure will cause a more severe Teflon
reaction than atomic oxygen alone, resulting in the cone structures.

Teflon is a fluorocarbon polymer. It has been found that exposure to atomic oxygen depletes
Teflon of fluorine. This is evidenced by an increase in the detected carbon/fluorine ratio.
Further study is required to determine if longer on-orbit exposures would result in any further
breakdown of Teflon.
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Silver/Inconel Surface Degradation

The samples exposed on the silver/Inconel surface also show reaction to the orbit
environment. Reactions range from cracks in the Inconel layer to a total depletion of silver and
Inconel. In the later case, the exposed Teflon surfaces of some samples have developed the cone
structures discussed earlier.

Many samples show the whole range of reactions. Between the extremes, a grain pattern of
silver/Inconel was formed. Nearing the silver depleted regions, the grain bodies become smaller
with the pattern of cracks more widespread.

The cracks in the Inconel surface may be due to temperature cycling under varying orbit
conditions. Other evidence has indicated that the reaction of Inconel with atomic oxygen causes
removal of the Inconel layer. Silver oxide deposits have been found on sample surfaces. The
silver oxide may have come to the Inconel surface through the apparent cracks after the exposed
silver reacted with atomic oxygen. Exposure tests indicate that the silver/Inconel depletion may
be caused by exposure to atomic oxygen alone, or to a combination of atomic oxygen and UV.
This suggests a mechanism for the loss of Inconel and silver. First, the atomic oxygen and
temperature cycling causes the loss of Inconel and the formation of cracks. Silver oxide (and
perhaps silver peroxide) forms and then flakes off in response to temperature cycling. This cycle
continues until Teflon is exposed, and the Teflon reacts to atomic oxygen and UV resulting in
the formation of the cone structures.

Tensile strength tests have shown that samples with eroded surfaces have no resilience.
Abrupt breaks appear to have occurred in the same direction as thermal expansion/contraction.
It was found that the tensile modulus of silver Teflon exposed to atomic oxygen decreased by
about 15%, while the modulus of samples exposed to atomic oxygen and UV decreased by
about 30%.

Measurements have been made of solar absorptance of the returned Teflon material. The
solar absorptance of the Teflon film is typically 0.05 to 0.07 prior to on-orbit exposure. The
Teflon samples having the greatest absorptance change, appear to be those exposed to the orbit
environment on both sides of the film, and those contaminated by spacecraft outgassing. In
these samples, the solar absorptance has increased by as much as 0.22 to 0.29. This large
change in absorptance indicates a potentially large change in the performance of the Teflon
film. The solar absorptance of Teflon film samples with non-eroded silver/Inconel surfaces had
increased by a maximum of 0.04.

Impact Particles
Analyses have begun on some of the particles that impacted the various MLI blankets and the

louvers from the MACS. These analyses determine the sources of the various particles and the
effect of impacts on the MLI materials and on the aluminum louvers.

A survey of approximately one-half square meter of MLI has revealed over 1500 impact sites.
Of these, 432 impacts resulted in craters in the Kapton greater than 40 microns in diameter. In
the 75-micron thick Kapton (MEB), craters greater than 100 microns in diameter are

13



perforations through the Kapton layer. In the 50 micron Kapton (MACS), craters larger than 70
microns in diameter penetrate through the Kapton. When the survey totalled approximately 0.7
square meters of Kapton surface, about 160 impact craters penetrating the Kapton layer were
found.

A number of particles completely penetrated all of the MLI layers. One particle penetrated
the MLI near a star tracker, making an impression in the star tracker’s aluminum shield.
Approximately half of the particles that impacted the MACS louvers penetrated the first of the
two aluminum sheets, as evidenced by impressions in the second sheet.

Chemical analyses of a number of the impacts has shown that sources of the particles fall
into one of four groups. The first group of particles is meteoric material, evidenced by the
elements silicon, magnesium, iron, calcium, aluminum with minor amounts of iron-nickel
sulfide. The second group of particles is paint particles. This is characterized by titanium and
zinc, and the chemistry includes potassium, silicon, aluminum and chlorine. The third group of
particles is aluminum droplets, probably from the MLI. The fourth group of particles is waste
particles as evidenced by one impact that penetrated three layers of MLI. The chemistry includes
sodium, potassium chlorine, phosphorus and minor amounts of sulfur. Investigators believe that
this particle may have come from the Orbiter’s waste management system.

Two of the large impacts have been investigated in more detail. In both cases, the impact
particle apparently disrupted upon impact with the outer Kapton layer of the MLI. The
disrupted material was sprayed inward in a cone shaped pattern, lodging on the second layer of
the MLI.

In the case of the first impact particle, a small portion of disrupted material penetrated the
second layer of the MLI. This impact particle caused a hole 280 microns in diameter with a
raised rim. The second MLI layer has a ring of tiny holes and craters surrounding a roughed up
area of about 5 millimeters in diameter. Particles from the back of the first layer and from the
front of the second layer have been analyzed showing that about 75% are fragments or melted
droplets of Kapton. Of the non-Kapton particles, most are composed of magnesium, silicon and
iron. Next in number were aluminum particles. Investigators believe that the aluminum is
derived from the MLI. Other particles are composed of iron, sulfur and nickel.

The second reported impact particle caused a crater 355 microns in diameter with a raised rim

in the Kapton layer. The second layer has a wedge shaped pattern of concentric, elongated
holes. Particles of the second impact are composed primarily of iron, sulfur and nickel.
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Post-Flight Photographs of
Returned MACS Module
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Crewman in MMU approaches SMM. Instrument apertures and solar arrays are seen from ‘‘top.”’
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View of MACS module after unsuccessful dock attempt. Most louvers are closed. Degradation of
bottom-facing louver trim can be seen.
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after landing. Taken at KSC while still attached to FSS. Fading of

MACS Module Baseplate,
» of oil from thermal grease compound under

black paint was caused by separation and ‘‘creep
(gold-colored) louver actuators. Louver blade sent by astronaut is also visible.
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View of ‘“‘top” (Sun-facing side) of MACS. Discoloration and tearing of silver Teflon, and fading
of Kapton, are seen on the corner exposed to solar radiation.
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Oblique view of module. Compare silver Teflon trim on the “bottom’’ (anti-Sun) side with the
side facing upper left.
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Close-up of the degraded silver Teflon louver trim, on the ‘‘bottom”’ side to solar radiation and
the atomic oxygen fluence on the silver/Inconel side of the silver Teflon.
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Star-tracker side of the module shows ‘‘wash’’ pattern on the blanket at top center of the photo.
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Sun-sensor side of module. Small MLI cover removed from test connector plugs (center) shows
unexposed Kapton compared to that exposed to oxygen fluence. The Fine Sun Sensor (upper

right) has some white deposits on the radiator surface. These were formed by outgassing from the
module interior.
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C/P MAIN ELECTRONICS BOX HISTORY

HAO C/P OPERATED SUCCESSFULLY TAKING PICTURES OF SUN’S CORONA UNTIL
FAILURE SEPTEMBER 29, 1980 (7 MONTHS)

AROUND EARLY 1982, DECISION MADE THAT C/P COULD BE REPAIRED BY BUILDING
NEW MEB FOR EVA REPLACEMENT

SMRM MEB REPLACEMENT PERFORMED APRIL 10, 1984

FAILED MEB RETURNED FOR DEGRADATION STUDIES
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M NO v
(SHOWS MEB AND ITS BLANKET LOCATION BEFORE LAUNCH)
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D IN SMM P OMPARTMEN u

(SHOWS CABLE INTERCONNECTIONS WITH MEB TEMPORARILY HINGED FOR ACCESSIBILITY
= THIS AS FLOWN PHOTO USED TO DETERMINE FEASIBILITY OF REPAIR MISSION)
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MEB I OMP TED ASS Y CONTAININ

15 PLUG-IN STITCH-WELDED CIRCUIT BOARD (APPROX. 4 1/2* x 10° EA.)

POWER SUPPLY

11 EXTERNAL SUBMINIATURE CONNECTORS (WITH 362 ACTIVE LEADS)
- MOUNTED WITH 22 #4/40 SCREWS
- (PLUS 1 TEST CONNECTOR) CLIPS INSTALLED ON NEW MEB FACILITATING
EVA REPLACEMENT

ESTIMATED 1,000 COMPONENTS (ABOUT 20% MICROCIRCUITS)
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MEB HANDLING CONDITIONS FOLLOWING SMRM REPAIRS

MEB WITH THERMAL BLANKET FOLDED WAS INSTALLED IN FSS LOCKER BY ASTRONAUTS
UNHEATED MEB RETURMED TO KSC IN FSSL

MEB CAREFULLY REMOVED, PHOTOGRAPHED, BAGGED AND PURGED, AND INSTALLED IN
SHIPPING BOX FOR RETURN TO GSFC

BOX STORED IN CLEAN ROOM AT GSFC FOR OVER SIX MONTHS

THERMAL BLANKET REMOVED DURING STORAGE AND GIVEN TO MATERIALS PERSONNEL FOR
ANALYSIS

ALUMINUM HONEYCOMB PANEL REMOVED FROM MEB AND GIVEN TO FSC FOR ANALYSIS -
NO NOTICEABLE INCREASE IN SCREW REMOVAL TORQUE

MEB GIVEN TO HAO FOR CONFIRMATION OF ON-ORBIT MALFUNCTIONS AND COMPONENT
REPLACEMENT (NOT PERFORMED IN A CLEAN ROOM)
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PRESENTATORS ON RESULTS OF MEB COMPONENT AND MATERIALS DEGRADATION STUDIES

MAY 9, AM PRESENTATIONS
HAQ - BOB LEE, C/P PROJECT ENGINEER

o MEB MALFUNCTION CONFIRMATION
o REPAIRS AND RETEST OF REWORKED BOARDS AND MEB

GSFC CODE 311.2/SPERRY - TONY MARQUEZ, FAILURE ANALYSIS ENGINEER
o MEB PARTS FAILURE ANALYSES
o REMOVED AND RESIDUAL PARTS RESCREENING

JHU/APL - DICK MAUER, RELJABILITY ENGINEER
o MEB GENERIC PARTS RADIATION SUSCEPTIBILITY MEASUREMENTS

R PRESENTATION
ESC - MATERIALS SPECIALIST

o MEB ALUMINUM HONEYCOMB DEGRADATION MEASUREMENTS

GSFC/JSC/QTHERS - MATERIALS ANALYSTS
o MEB THERMAL BLANKET DEGRADATION AND SPACE DEBRIS PENETRATIONS
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THE MAIN ELECTRONICS BOX (MEB)

OF THE HAO CORONAGRAPH/POLARIMETER

ABSTRACT. The SMM satellite was launched in February, 1980 with a complex

of instruments designed to study the active sun. The HAO instrument (c/p)

operated satisfactorily until July when a series of partial failures began.

This report describes analysis and resolution of problems up to the

terminal failure on September 23, 1980. The MEB was replaced in orbit in

April, 1984, restoring the observational capability of the c/p instrument.

The process of trouble-shooting and restoration of the failed MEB at GSFC

is described. Conclusions are presented regarding the cause of the failures

encountered,
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Figure 1

A loop transient in the solar corona during the first mission (1980) showing

the high activity levels which occur near sunspot maximum. The coronagraph
creates an artificial total eclipse of the sun by using a series of external
disks to prevent direct sunlight from falling on the objective lens of the

telescope. The occulting disk, seen partially in this picture is

approximately 1.5 times the diameter of the solar disk.
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Figure 2

The main electronics box (MEB) contains many control and data handling
functions. This presentation concerns a failure in the sweep control
sequencer (SCS) shown here in block form. The SCS architecture is similar
to that of a primitive microprocessor, and it controls an SEC VIDICON camera
tube used in an unconventional way to observe the very low light levels

involved.

at
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Figure 3

This simplified flowchart illustrates the four major control functions which
are necessary to obtain the observations. The READ sequence involves

interaction between the SCS and another controller called the data control

sequencer (DCS), also located in the MEB.
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Figure 4

The failures discussed here involved a particular type of integrated circuit

whose main features are shown here.
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FAILED INTEGRATED CIRCUIT (IC)

MM54C161J/883B (4 STAGE BINARY COUNTER)

o MFR. - NATIONAL SEMICONDUCTOR
o PKG. - 16 PIN CERAMIC DUAL IN LINE (DIP)
o FEATURES

- PRESETTABLE

- LOOK AHEAD CARRY

- SYNCHRONOUS
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Figure 5, 6, 7

Indicate the characteristics of the failures encountered in the first

mission.



FIRST FAILURE (7/10/80)
o LOCATED IN SEGMENT COUNTER

- 13 BITS (4 CASCADED MM54C161) FOR PURPOSE OF RECONSTRUCTING PICTURE
FROM DIGITAL DATA

- 29 BIT STUCK HIGH EXCEPT BETWEEN RESET AND FIRST COUNT
- ONE WEEK LATER, 28 BIT (IN SAME IC) SHOWED SAME FAULT
o SOLUTION - GROUND SOFTWARE WORKAROUND, POSSIBLE BECAUSE OF “FORTUNATE*
NATURE OF FAILURE
- STAGES FAILED WITH OUTPUTS HIGH, SO CARRY COULD BYPASS STUCK STAGES
- LOOK AHEAD CARRY ALLOWED COUNTING TO CONTINUE IN A PREDICTABLE WAY,

EVEN THOUGH COUNTING SEQUENCE APPEARED TO BE SCRAMBLED

o IDENTIFICATION - CLEAR CUT, BECAUSE EVERY COUNT NUMBER IS IN VIDEO DATA STREAM
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OND F RE (FROM 8/6/80)

SYMPTOM - INTERMITTENT FAILURE TO COMPLETE THE READ CYCLE ON THE VIDICON
CAMERA TUBE

LOCATION - UNABLE TO LOCATE SPECIFIC CAUSE IN COMPLEX INTERACTION BETWEEN
SWEEP CONTROL SEQUENCER AND DATA CONTROL SEQUENCER

SOLUTION - LEAVE MEB RESET ON FOR LONG PERIODS. A “MAGIC* SOLUTION WHICH
IS NOT UNDERSTOOD.

= KEPT INSTRUMENT OPERATING WITH ONLY OCCASIONAL LOSS OF DATA

THIRD FAILURE (EARLY SEPT )

SYNC SLIPS IN HOUSEKEEPING TELEMETRY
- CAUSED INSTRUMENT SHUTDOWNS DUE TO SAFETY FEATURES IN ON-BOARD
COMPUTER PROGRAM

CAUSE - SUSPECTED TELEMETRY ADDRESS IC (MM54C161) BUT THIS WAS NEVER PROVEN

SOLUTION - MODIFY UN-BOARD SOFTWARE TO PREVENT UNNECESSARY SHUTDOWNS
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TERMINAL FATLURE (9/25/80)

SYMPTOM - UNABLE TO COMPLETE ANY OPERATIONAL SEQUENCE ON VIDICON.

CAUSE - EXTENSIVE ANALYSIS POINTED TO ADDRESS COUNTER IN SWEEP CONTROL
SEQUENCER (3 CASCADED MM54Cl6l IC'S)

SOLUTION - NONE - CEASE OPERATION AND AWAIT IN-ORBIT REPAIR
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Figure 9

The returned (failed) MEB after its removal from the shuttle.
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Figure 10

Trouble-shooting the failed MEB in the electro-mechanical simulator (EMS).
This is a high level bread board which was used to develop the original

instrument, and to test the replacement MEB,
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Figure 11, 12

Stichweld wiring on standard boards is the component mounting method.
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Figqure 13, 14, 15

The failed MEB was restored by locating and replacing failed components one
at a time. As each defective component was located, the board was turned
over to Parts Analysis Branch for removal and replacement. They then
analyzed the failed component while we located the next failure. The
control system is highly interactive, so "live" trouble-shooting is the most

effective method.
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RESTORATION OF RETURNED MEB

ENGINEERING MODEL SIMULATOR CONNECTED THROUGH DATA INTERFACE (BCU) TO
PDP 11/34 AT EOF

= REALISTIC SIMULATION OF MEB INTERACTION WITH REAL INSTRUMENT

- ALLOWS “LIVE® TROUBLE-SHOOTING WITH BOARDS ON EXTENDERS

= USE COMPUTER PROGRAMS DEVELOPED TO TEST REPLACEMENT MEB

FAILED COMPONENTS LOCATED AND REPLACED, ONE AT A TIME
- TERMINAL FAILURE REPAIRED FIRST

- EXPECTED CAUSE OF FAILURE CONFIRMED (MM54C161 IN ADDRESS COUNTER OF
SWEEP CONTROL SEQUENCER)

- FAILED PART REMOVED AND NEW PART INSTALLED BY PARTS BRANCH
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o READ CYCLE ON VIDICON WOULD NOT COMPLETE AT ALL
(THIS WAS INTERMITTENT DURING FIRST MISSION)
- FAILED MM54C161 IN ADDRESS COUNTER OF DATA CONTROL SFQUENCER
- 2% BIT STUCK HIGH (SIMILAR TO SEGMENT COUNTER FAILURE)

- PROBABLE CAUSE OF INTERMITTENT FAILURE TO COMPLETE READ CYCLE
IN SEPTEMBER, 1980

o SEGMENT COUNTER FAILURE CONFIRMED AS DIAGNOSED
- 28 AND 29 BITS STUCK HIGH

- NO OTHER CHANGES

0 SYNC SLIPS IN HOUSEKEEPING TELEMETRY
= NOT ABLE TO DUPLICATE SLIPS IN GROUND TESTING

- TENTATIVE DIAGNOSIS UNCONFIRMED
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SUMMARY

o THREE MM54C161 IC’S (OUT OF 21 IN USE) FAILED IN ORBIT
- FIRST FAILURE ABOUT 5 MONTHS AFTER LAUNCH
- INTERMITTENT SECOND FAILURE BEGAN ABOUT ONE MONTH LATER

- TERMINAL FAILURE 7 1/2 MONTHS AFTER LAUNCH

o ALL FAILURES DISCUSSED ABOVE WERE CORRECTED BY IN-ORBIT REPLACEMENT OF MEB

o ADDITIONAL PARTIAL FAILURE - “BEAM BLANKING PROBLEM®
- NOT CORRECTED BY IN-ORBIT REPAIR

- AFFECTS QUALITY (PHOTOMETRY) OF DATA AT ABOUT 10% LEVEL
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Figure 16

An observation made with the repaired instrument. There still remains a
beam-blanking problem on the vidicon which causes artifacts in the picture,
e.g.,‘the vertical bar in the center, and blackened dots of low sensitivity.
These do not affect the quantity of data, but quality of the photometry is
affected at about the 10 percent level. The repaired coronagraph is in

continuous routine use, gathering useful information about the solar corona

near the time of sunspot minimum.
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GODDARD SPACE FLIGHT CENTER

51177
FAILURE ANALYSIS REPORT SERIALNO. _51178
*The information contained herein is presented for puidance of employees of she Goddasd Space Flight Center. It may be altered,
revised or rescinded due to subseguent developments or agditional test results, These changes could be communicated internally by
other Goddard publications, Notice is hereby given that this document is cistributed outside of Goddard as a courtesy only to other
Government agencies and contractors and is understood to be onily advisory in nawre, Neither the United States Government nor
any persan acting on behalf of the United States Government assumes any liability resulting from the use of the information contained
herein,”
[FPROJECT
MICROCIRCUIT; (1) CD4049AK, RCA, Date Code 7714, SN 37414 SMM
(1) CD4081BK, RCA, Date Code 7719, SN 33153 SYSTEM
|REQUEsSTER
J. Henegar
I'MALFUNCTION AEPORT INCOMING INSPECTED S INITIATED DATE
Teledyne 10562 XO YES O ~no O UNKNOWN 11/16/84
PURCHASE SPECIFICATIONS [SCREENING SPECIFICATIONS INVESTIGATOR
Unknown Manufacturers A. Marquez
NASA APPROVAL
// y-25-%¢

Two microcircuits were submitted to the GSFC Parts Analysis Laboratory for
failure analysis. The parts were submitted on Teledyne Systems Inspection/Test
Discrepancy Report Log No. 10562. The devices were still installed as Uy
(CD4049AK) and U, (CD4081BK) on assembly number 8023025 serial number 1002. The
microcircuits had been tested and the leads were unsoldered from the circuit board
by Teledyne. The parts were removed from the board by the failure analysis lab and
the circuit board was returned to the requestor.

The microcircuit type CD4049AK functions as a COS/MOS hex inverting buffer. It
is constructed using a single glassivated silicon die eutectically bonded within the
cavity of a 16-pin ceramic/metal flat package.

Interconnections are accomplished using aluminum (1 mil) wire ultrasonically
wedge bonded to the die metallization and the lead frame. The rectangular metal 1lid
is attached with solder and the package is hermetically sealed.

The microcircuit type CD4081BK functions as a COS/MOS QUAD 2-INPUT AND GATE.
It is constructed using a single glassivated silicon die eutectically bonded within
the cavity of a l4-pin ceramic/metal flat package. Interconnections are
accomplished using aluminum (1 mil) wire ultrasonically wedge bonded to the die
metallization and the lead frame. The round metal 1lid is attached with solder and

the package is hermeticaly sealed.

No irregularities were observed during external visual and radiographic
examinations of the CD4049AK.

An external visual examination of the CD4081BK disclosed an indentation
diagonally across the length of the metal lid. No irregularities were observed
during a radiographic examination.

Pin-to-pin electrical testing of the CD4049AK indicated that pin 10 (output J)

was open circuited to all other pins. No other anomalies were observed.
69
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Functional testing of the CD4049AX showed that all of the outputs functioned
normally except for pin 10. The output voltage at pin 10 was always +0.,002 VDC.

Pin-to-pin electrical testlng of the CD4081BK indicated that pin 7 (Vgg)
was open circuited to all other pins. WNo other anomalies were observed.

Functional testing of the CD4081BK showed that all of the gates functlon
normally if at least one input is low (+0.0 VDC).

Both devices passed Particle Impact Noise Detection and hermeticity (CD4049AK
3.8 X 108, CD4081BK 4.0 x 10~8 fine and gross leak) testing.

An internal visual examination of the CD4049AK revealed fused open die metalli-
zation from pad 10 (output J). The area around the open is charred and no other
damage was found. All of the interconnect wires are intact and pass a 0.5 gram
bump. No other anomalies were observed.

Probe tests showed the damaged CD4049AK gate functioned normally when the open
metallization was bridged.

An internal visual examination of the CD4081BK revealed fused open die metalli-
zation from pad 7 (Vgg). The area around the open metallization was charred
and discolored. No other damage or anomalies were observed. All of the inter-
connect wires were intact and pass a 0.5 gram bump.

Electrical testing of the CD4081BK on the microprobe station showed that all of
the gates function normally when Vgg (pin 7) is reconnected.

Additional electrical testing disclosed that the damage on the CD4049AK could
be duplicated by applying approximately 8 VDC, positive or negative, to the output
momentarily,

CONCLUSION

The failure of the two devices was confirmed. The CD4049AK failed due to a
fused open die metallization track from pin 10. The fused open metallization was
the result of an electrical overstress. A voltage more positive than V44 or
more negative than Vgg was applied at pin 10.

The CD4081BK failed due to a fused open die metallization track from pin 7
(Vss) The fused open metallization was the result of an electrical over-
stress. The CD4081 is one of many commercial CMOS circuits which have been reported
to exhibit latch-up. A voltage sllghtly more positive than V34 or more nega-
tive than Vgs applied to an input pin is one method to initiate a latch-up
condition which could overstress the Vgg line without additional damage to the
part,
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One RCA CD4017AK microcircuit was submitted to the GSFC Parts Analysis
Laboratory for failure analysis. The device had failed while installed as U35 of
the SMM/DRIRU system. The part had been intermittent with temperature and finally
became a steady failure.

The RCA microcircuit type CD4017AK functions as a COS/MOS decade counter with
10 decoded outputs. Tt is constructed utilizing a single monolithic glassivated
silicon die eutectically bonded within the cavity of a 16 pin ceramic/metal flat
package. Interconnections are accomplished using aluminum (1l mil) wire ultra-
sonically wedge bonded to the die metallization and lead frame. The rectangular
metal 1lid is attached with solder and the package is hermetically sealed.

No irregularities were observed during exterfial visual and radiographic
examinations.

Pin-to-pin electrical testing did not disclose any anomalies (no opens or
shorts).

Functional electrical tests revealed that the device operated improperly. The
counter would cycle thru three sequential counts and freeze until it was reset.

No anomalies were observed during particle impact noise detection and
hermeticity (fine 3.2 x 1078 and gross leak) testing.

An internal microscopic ‘examination did not reveal any irregularities. *All of
the interconnect wires were intact and passed a 0.5 gram bump.

The glassivation was chemically removed and electrical testing indicated no
change in the failure. The device was next examined in the SEM utilizing the
voltage contrast analytical technique, (The counter is electrically exercised while
being examined within the SEM chamber). The testing indicated that both outputs of
the counters’ third stage were not changing states. Testing showed that all of the
correct control signals were applied to the stage.
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The failed output was then examined on the microprobe station and it was
determined that the output of the counters third stage was resistively short

circuited to Vgg.

The part was examined on the SEM and an oxide defect was observed in the failed
output stage. The defect was underneath the output metallization. The metalliza-
tion was chemically removed revealing a defect extending into the die (Vgg).

CONCLUSION

The failure was confirmed. The decade counter was operating incorrectly. The
failure was due to the counters third stage output being short circuited to ground.
The short was thru an oxide defect underneath the output metallization. Time,
temperature and a bias on the metallization eventually created a resistive path to

Vgg causing the failure.

The defect was the result of a manufacturing irregularity during processing.
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Output-0 volts
not correct.

Figure 1. Photomicrograph of failed counter stage. (Light
areas indicate zero volts. Dark indicates Vpp).

Output —VDD
correct.

Figure 2.  Photomicrograph of good counter stage.
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Three National Semiconductor microcircuits MM54C161J were submitted to the GSFC
Parts Analysis Laboratory for failure analysis. The three parts failed while
installed on circuit boards from the SMM C/P MEB, Device SN 128 was installed as U8
at location J11 (pin 1), the LSB output reportedly remained high all the time except
during a CLEAR. Device SN 135 was installed at location J2 (different board), all
of the outputs were reportedly not switching. Device SN 139 was installed at
location C46 (same board as SN 135), the first and second outputs were reportedly
stuck high except with a CLEAR input signal.

The National MM54C161J devices are 4-bit, synchronous presettable up binary
counters with asynchronous clear. They are constructed utilizing a single glassi-
vated monolithic complementary MOS (CMOS) die eutectically mounted to a 16 pin dual
in line lead frame. Interconnections are accomplished using aluminum (1 mil) wire
ultrasonically wedge bonded to the die metallization and the lead frame. The
ceramic lid and body are attached using glass frit.

An external visual examination of SN 139 showed that the ceramic 1id and body
had separated at the glass frit seal during removal from the board. Only a few of
the leads were still attached to the body. An examination of SN 135 disclosed that
pin 6 was broken flush with the package. No other anomalies were observed. An
examination of SN 128 did not reveal any anomalies,

Radiographic examinations of SN 128, 135 and 139 did not disclose any addi-
tional irregularities.

Pin-to-pin electrical testing of SN 128 and SN 135 did not reveal any
anomalies when the units were compared to a known good device.

Functional electrical testing of SN 128 indicated that the QA output remained
high (logical 1) while the three other outputs continued counting. An appropriate
input signal on the CLEAR line forced all of the outputs to a low (logical @#). QA
then returned to a high as soon as the CLEAR signal was removed.
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Functional electrical testing of SN 135 disclosed that the outputs were not
changing states (counting) as expected. A LOAD input signal would force the
outputs, except for QA (always low), into a preselected condition but the device did
not count at any time.

One device (SN 135) was unbiased baked at +150°C for 72 hours. No changes
electrically were observed.

An internal visual examination of SN 139 revealed several accumulations of
contamination on the die surface (see Figure 1). No other anomalies were observed.
Only four interconnect wires were still connected to the die.

Pin-to-pin electrical testing of SN 139 on the probe station did not disclose
any irregularities. A functional electrical test indicated that all of the outputs
. were always low, however, sufficient probes (12) were not available to functionally
‘test the unit properly since some of the inputs had to be left unconnected (an
‘,}md,esirable coadition with CMOS devices).

A SEM examination of SN 139 (with the glassivation chemically removed)
@isciesed several oxide defects but no evidence of an overstress condition. The
séntamination observed previously had been removed with the glassivation etch.

Particle impact noise detection testing of SN 128, 135 did not indicate a
failure,

An internal visual examination of SN 135 revealed some surface contamination
but no other anomalies. All of the bonds were well formed. All of the intercoanect
wires were intact. WNo evidence of an overstress was observed.

The glassivation was chemically removed from SN 135 and the unit was
reexanined., The etch had removed the contamination and no other anomalies were
observed.

Electrical testing indicated no changes in the failure mode. Testing utilizing
the voltage contrast failure analysis technique on the SEM disclosed a
malfunctioning transistor in the QA stage of the counter (see Figure 2). The
transistor was isolated utilizing the microprobe station (see Figure 3) and testing
showed a gate-to-source resistive (1K ohm) short circuit. Probe testing also
indicated that the balance of the unit operated properly when the short circuit was
isolated and the proper voltage level was applied at that point.

The metallization was chemically removed from SN 135. A SEM examination
revealed a break in the gate oxide over the source diffussion (see Figure 4).
Aluminum metallization had alloyed into the defective area. The unit was plasma
etched to enhance any defects in the gate oxide (see Figure 5). An examination of
the gate oxide of the failed transistor indicated the defective area extended into
the source diffusion.

An internal visual examination of SN 128 disclosed some contamination but no

other irregularities. All of the interconnections were intact and all of the bonds
were well formed. No evidence of an overstress was observed.
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The glassivation was chemically removed from SN 128, An optical examination
disclosed that the etch had removed the contamination. No anomalies were observed.

Electrical tests indicated no change in the failure mode. The unit was unbias
baked in a vacuum chamber at +150°C for 48 hours. No change in the failure mode was
observed. The unit was examined in the SEM utilizing the voltage contrast failure
analysis technique (see Figure 6). The failure was isolated to a malfunctioning
transistor (see Figure 7). The transistor wds isolated using the microprobe station
and electrical tests indicated a resistive (750 ohms) short circuit from the gate to
the source metallization (see Figure 8). Additional testing indicated that the
balance of the circuit functioned properly with the correct logic applied.

The metallization was chemically removed from SN 128. A SEM examination
disclosed a defect in the gate oxide (see Figure 9). Aluminum had alloyed into the
defective area (see Figure 10). A plasma etch enhanced the defect and showed that
it extended into the source diffusion (see Figure 11).

CONCLUSION

The failure of two of the three National MM54C161J microcircuits were
confirmed. Electrical testing of SN 128 and SN 135 isolated the failures to short
circuited transistors. Device SN 139 was damaged during removal from the P.C. board
and therefore could not be electrically tested. The short circuits were caused when
the aluminum metallization alloyed through defects in the gate oxide material. This
condition formed a resistive connection to the source diffusion. WNo evidence of an
electrical overstress was observed., The failures occurred at the weakest point in
the oxide layer as a result of time, temperature and applied bias. Several oxide
defects extending under the metallization were also observed in dévice SN 139.

A construction analysis (CA6027) of National Semiconductor MM54C161/883B
microcircuits (date code 7705) dated 3/28/78 recommended that these devices not be
used due to the presence of serious oxide defects in two of the four parts
examined.

ADDITIONAL

A memorandum published by Wentworth O. Denoon dated 3/13/81 contained details
of an investigation of 14 MM54C161J/883B CMOS counters. The parts were from the
same lot suspected of failing in the X-ray Coronograph instrument on the MMS/SMM
spacecraft.

"In summary, out of 14 devices tested, 3 units failed PIND tests and 6 units
failed one or more of the burn-in tests. The fact that the burn-in failures
recovered after an unbiased bake indicated that they contain internal ionic
contamination (either on the surface of the die or in the glassivation). It is
concluded that ionic contamination caused the high leakage currents observed in
these devices after the burn-in, and is most probably the cause of the in-flight
failures."

In a conversation with Mr, Denoon, he stated that during his testing only
leakage currents were monitored and that no catastrophic failures were observed.
One of the devices that had failed the burn-in was internally examined by Mr.
Denoon. The examination disclosed a large amount of contamination (possibly in the
glassivation). Since the devices were only marginal leakage current failures and no
funds’'Were available at the time, a failure analysis was not conducted on any of the
devices. 77



Fig. 1. Photomicrographs of die surface contamination
(SN 139)
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Fig. 2. SEM Micrograph of the failure utilizing Voltage
Contrast. (SN 135) the A output stage (left)
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Fig. 3. Photomicrograph of the failure site isolated
utilizing the microprobe station. (SN 135)
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Fig. 7. Photomicrograph of the failed counter stage. (SN
128)
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Fig. 10 SEM Micrograph of the defect in the gate oxide (SN 128)

SEM Micrograph of the defect after a plasma etch was used to enhance the fault.
(SN 128)
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Nine National Semiconductor MM54C161J microcircuits were removed from the MTB
All of the nine parts had been operating properly on the MER,
The MEB is a section of the electronics recovered from the Solar Max satellite
during the folar Max Repair Mission (three other MM54Cl161J parts from the same date

for a special screen.

code had failed in orbit, ses FAS51230).

Two of the parts with the screen failed

initial el=ctrical tests (SN 147 tpyp), SN 128 Ipcp, both margiral

failures).
burn-in at

+125°C for 24 hours.

Analysis Laboratory for failure analysis.

One device SN 154 failed catastrophically after an N-channel static
One part (SN 154) was submitted to the GSFC Parts

The National MM54C161J microcircuit functions as a 4-bit, synchronous

precettable up binary cocunter with a synchronous clear.

It 1is

constructed utilizing

a siagle glassivated monolithic complementary MOS (CMOS) die eutectically mounted to

a 16 pin dual in line lead frame.

Interconnections are accomplished using ! miil

aluminum wire ultrasonically wedge bonded to the die metallization and the iead

frame.

The ceramic lid and body are attached using glass frit.

No anomalies were observed during external visual and radiographic

examinations.

Pin-to pin electrical testing did not disclose any irregularities.

Functional electrical testing revealed that the device was not functional.
Qg {pia 13) and Q¢ (pin 12) outputs were always low.
+150°C for 24 hours did not change the failure mode.
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An internal visual examination disclosed somé contamination on the die. The
contamination was either lodged in the glassivation or trapped between the
glasgivation and the die surface. Several oxide defects which extended underneath
metallization stripes were observed in the vicinity of the Qg and Q¢ circuitry.

No other anomalies were observed. All of the interconnect wires were intact and all
of the bonds were well formed.

The glassivation was next chemically removed. This process also removed the
contamination from the die surface. No changes in the failure mode were observed.

Voltage contrast examinations in the SEM revealed a malfunctioning transistor
- in the Qg and Q¢ circuitry. Microprobing isolated the failure to a resistive
(2K ohms) short circuit between the gate metallization and source diffusion of an
internal tramsistor in the Qg circuitry.

The metallization was chemically removed and a SEM examination disclosed
irregularities in the gate oxide material. The device was plasma etched to enhance
the faffhre site. A SEM examination disclosed several defective areas in the gate
oxide n&ferjal. The etch also enhanced the oxide defects observed during the
initial intkrnal} visual examination.

CONCLUS ION

The failure of the National MM54Cl161 microcircuit was confirmed. The device
failed fuactionally due to a resistive (2K ohms) short circuit between the gate and
the source of an internal traansistor. The short circuit was due to a defect in the
gate oxide material. The defect allowed a resistive path to form from the gate
metallization to the source diffusion under the gate oxide material. The failure
was time, temperature and bias dependent (see also FA51230 for a similar failure).

The total burn-in time, if any, of these particular devices has been

| ¢ questioned. The results of the burn-in (3 of 9 parts failed) and the failure of the
: three parts in orbit indicate a lot related problem (National Semiconductor
MM54C161J/883B date code 7705). A thorcugh burn-in is an accepted determinant of a
parts reliability. A proper burn-in will weed out weak devices and can be an
indication of possible latent failures.
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THE JOHNS HOPKINS UNIVERSITY
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LAUREL. MARYLAND

RADIATION EFFECTS ON SELECTED ELECTRONICS PARTS
FROM THE SOLAR MAX SATELLITE

I. Introduction

The Solar Max Satellite was launched on February 14, 1980.
Problems with the Main Electronics Box (MEB) were experienced in
the period from July 10 to September 30, 1980. Failure in some
electronic drive circuits occurred in the Oct-Nov 1980 time frame.
After these failures which temporarily curtailed the spacecraft's
mission, periodic attempts to restart the satellite were made
(power was turned on) until complete replacement of the MEB was
carried out on the Space Shuttle mission of April 1984.

The return of the failed original MEB to earth offered an
opportunity to study some electronic parts which had spent 50
months in the natural radiation environment of a low earth
orbit (LEO) spacecraft. Although this particular radiation
environment was judged to be a benign one, the authors felt it
would be worthwhile to examine the electrical performance
characteristics of selected electronic parts to see if any
unexpected radiation-related degradation had occurred.

The existence of some spare parts from the same lots as
the original flight parts also presented the possibility of
comparing the flight parts to shelf-life controls. The latter
controls could also be irradiated in an accelerated laboratory
radiation environment to compare dose rate effects at approxi-
mately the same total dose. The extent of the laboratory
investigations on the spares was dependent on the results seen
with the flight parts. If the flight parts showed significant
radiation-related degradation, it would be interesting to see
what high dose rate laboratory testing would have predic?eq.
On the other hand, if the flight parts did not show significant
degradation, then the question would be whether laboratory
testing would have predicted the same "null" effect.

The parts shown in Table 1 were received in late Mgrch
of 1985 so that this evaluation took place after the flight
parts had a year to anneal at ambient room temperatures on
the ground. The evaluation was actually carried out during
April and early May 1985, primarily employing ng@a;d Space
Flight Center electrical and radiation test facilities.
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Table 1

Electronic Parts Tested at GSFC -~ April 1985

(29 Parts Total)

Part Manufacturer & Type

Fairchild pA 108A(LM 108) Op Amp

RCA CD4034A 8~Stage Static
Register

RCA CDU4001A Quad 2-Input NOR
Gate

RCA CD4011A Quad 2-Input NAND
Gate

RCA CDU4O15A Dual 4-Stage Shift
Register

Harris HI-1-506A-8 l6-Channel
Analog Multiplexer

TI 54LS02 Low Power Schottky
NOR Gate

National MM78C29 CMOS Single
Ended Line Driver

National MM54C151 CMOS Digital
Multiplexer

Flight Parts

Build Residual

Rebuild Residual

7748/039
7725/3

7426/23,49

7625/215

7534/27

7802/91

7738/

7710/21

7723/122

10 Flight
Parts

7748/026

7725/8,15

7716/3

7426/245,246
8144/235,236
8046/34,365
8208/91,92,94
8205/25,25
8222/206,225
8222/134,149

6 Residual 13 Rebuild

Residual
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II. Natural Radiation Environment

The returned flight parts from the MEB spent 50 months
in low earth orbit at 28.5° inclination with the altitude
decaying from 310 to 265 nautical miles as flight time increased.
The first year of the mission (Feb 1980-Feb 198l1) was spent at
solar maximum conditions with the remaining time spent at post
solar maximum with the solar activity declining. The parts were
under power or bias for the first 8 months and about 10% of the
time thereafter when restarts of the Solar Max Satellite were
attempted. Thus, one concludes that the parts were powered for
about 12 out of the 50 months in orbit.

Estimates of the total dose seen by the MEB electronic
parts can be made by using several documents authored by E. G.
Stassinopoulos and collaborators.!”® The earliest document
(April 1976), entitled "The Trapped Particle Environment of
SMM (Solar Maximum Mission)", presented only electron and
proton integral energy spectra and not radiation dose versus
depth data. 1In addition, it used older models for the trapped
protons (APS5, AP6, AP7) and trapped electrons (AE4, AE6) than
those considered most valid at present.

The second document (October 1978), entitled "The ST (Space
Telescope) Environment: Expected Charged Particle Radiation
Levels", used the definitive“ AP8 model for the trapped protons
and the interim AEI7 model for the trapped electrons. Figure 27
of this book gives the total dose versus aluminum shield depth
for a 600 kilometer (+325 nautical miles) circular orbit with
a 28.8° inclination. The epoch of the calculation was 1984 -
essentially solar minimum conditions. No specific shielding
configurations (sphere or slab) were considered in this work.

At a shield depth of 70-75 mils of aluminum, 250 Rads (Al) /year
is the predicted total dose. Even if the shield depth is as
small as 40 mils of aluminum, less than 300 Rads(Al)/year are
predicted. These dose values should be conservative for the
Solar Max Satellite since

a) the Solar Max Mission altitude was actually 490-515 km
and dose decreases with altitude at this range, and

b) for the time of Solar Max Satellite exposure at or near
solar maximum conditions, the trapped proton dose is
reduced compared to the same component of dose at solar
minimum conditions.

From this evaluation we estimate that the 50 month total dose
seen by SMM was 1040 Rads(Al) or at worst, applying.a factor
of two for uncertainty in the natural radiation environment

models - 2080 Rads (Al).
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We have also referred to a third and most recent work of
Stassinopoulos and Barth ("Transport and Shielding Analysis
of ?he Non-Equatorial Terrestrial Low Altitude Charged Particle
Radiation Environment - Volume I: Solar Minimum", January 1984).
Here the trapped particle models used are the same as for the
Space Telescope work, but low earth orbits in the inclination
ranges between 30 and 90 degrees and in the altitude range of
200-1200 kilometers were considered. In addition, up-to-date
shielding codes®/® were used for the transport evaluation
employing two simple geometries: 1) dose at the transmission
surface of finite slab shields and 2) dose at the center of a
solid sphere. The former geometry is the appropriate one for
the SMM Main Electronics Box since this box was located on
the outside of the lower half of the satellite under some thermal
blankets. We note that the center of solid sphere geometry
includes radiation contributions from 47 steradian exposure.
In contrast, a slab geometry considers irradiation from only
one side (a 27 steradian exposure) with an omnidirectional
incidence and a cosine theta distribution. The cosine distri-
bution of the particles incident on the flat slab further
reduces the dose contribution at any point immediately behind
the slab. Total dose calculations on a flat slab have been
shown by Seltzer’ to be reduced by a factor of 4 for protons
and a factor of 10 for electrons compared to the total dose at
the center of a sphere for the same shield depths in the range
of 50-75 mils Al of interest to us.

Figure 44 of Stassinopoulos and Barth's work for a finite
aluminum slab shield at a 30° orbit inclination predicts 225
Rads (Al) per year at a 70 mil depth and 300 Rads (Al) per year
at a 40 mil depth when the doses at the maximum (575 km) and
minimum (490 km) Solar Max Satellite altitudes are averaged
together. This result confirms our original estimate of 250
Rads (Al) /year which includes shield depths down to 40 mils
aluminum when the uncertainty factor of 2 is applied to the
50 month accumulated dose.

III. Method of Evaluation and Results

Table 1 shows the nine part types submitted to an initial
electrical test at GSFC in April 1985. Only one flight part
of each type was available except in the case of the CD4001A
NOR gate for which we had two. Residual parts from the same
date code lot as the original flight parts (designated Build
Residual in Table 1) were available for only the f%rst three
part types listed in Table 1. For the remaining six part
types, residual parts were available only from later d§te code
lots purchased for the repair mission (designated Rebuild

-
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Residual in Table 1). 1In all, a total of 29 electronic parts
were submitted to the first set of static, dynamic, and
functional electrical tests.

The results of the electrical testing showed that all parts
meet or exceed the manufacturer's specification for static,
dynamic, and functional electrical performance with two quali-
fications:

a) one of the CD400l1A flight parts and the CD4015a and
541802 flight parts had been damaged in being removed from
the flight board and would not pass a simple electrical
continuity check (this reduced the number of flight part
types screened to seven);

b) all of the CD4034A parts, both flight and residual,
passed the D.C. parametric tests, but marginally failed
the dynamic tests with transfer times of 770 nanoseconds
compared to specified wvalues of 750 nanoseconds.

This latter discrepancy was not considered significant and did
not differentiate between flight and residual parts.

At this point we could only conclude that the flight
electronic parts showed no adverse effects due to radiation
because they had not degraded during Solar Max Mission or they
had degraded and subsequently annealed either in orbit or on
the ground since April 1984.

To test the annealing hypothesis, five residual parts of
three part types were irradiated to an accumulated total dose
of 2150 Rads(Si) at a dose rate of 32 Rads/hour in the Goddard
Space Flight Center Cobalt 60 cell on May 3-6, 1985. The
parts chosen for this laboratory analysis were

1) the two CDU4001A build residual parts representing
the CDU4000 series CMOS devices,

2) the uAl08A build residual part, an op amp representing
linear devices,

3) the two MM54C151 rebuild residual parts representing
a more complex CMOS device from the same family of
parts as the MM54Cl61 thought to be responsible for
the SMM failure.

The low dose rate was chosen to minimize dose rate effects
between the flight and laboratory environments. The "worst
case" estimated total dose was accumulated. The parts had no
bias voltage applied since the corresponding flight parts had
spent the majority of their time in space in this condition.
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A second set of electrical measurements was made on the
five spare parts after completion of laboratory radiation
exposure. All five parts passed all electrical tests with
the CD4001A and MM54C151 CMOS devices exhibiting no observable
degradation.

The uAl082A Op Amp did degrade but remained well within
specified limits.

Table 2
pAl08A Radiation Test Results

Residual Pre Residual Post Flight

Electrical Parameter Irradiation Irradiation Part Spec.

Offset Voltage (uv) 39 86 -314 +500 Max

Bias Current (pA) 809 1260 700 2000 Max

Open Loop Voltage Gain 505 362 239 80 Min
(V/mV)

We observe that the flight part and the build residual part
had degraded bias currents and open loop voltage gains which
were within a factor of two of each other. The flight part bias
current value probably does indicate that some annealing has
taken place. The flight part offset voltage would seem to be
significantly worse than that of the residual part tested in
the laboratory.

IV. Conclusions

1) We deduce with the help of some laboratory testing
that these seven (two part types had the flight part damaged,
541,802 and CD4015A) Solar Max Mission part types suffered no
serious degradation due to the low earth orbit radiation environ-
ment.

2) Complex linear devices such as the pAl08A begin to
degrade at low doses and dose rates and will be susceptible to
"failure" at higher altitudes and/or longer lifetimes.

3) More detailed evaluation of electronic parts in orbit
awaits the CRRES mission (n1986) and the Space Station when
radiation detectors actually measure the environment experienced
by electronic parts which are simultaneously being monitored
for electrical performance.
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SOLAR MAXIMUM MISSION

o LAUNCH DATE - FEBRUARY 14, 1980

o MAIN ELECTRONICS BOX CIRCUIT FAILURES EXPERIENCED FROM JULY 10 70
SEPTEMBER 30, 1980

o FAILURE IN ELECTRONIC DRIVE CIRCUITS DURING OCT-NOV 1980

o 50 MONTHS AT 310 To 265 n.m, ALTITUDE AND 28.5° INCLINATION

L6

o APPROXIMATELY ONE YEAR AT SOLAR MAXIMUM CONDITIONS; REMAINING TIME POST
SOLAR MAXIMUM AS SOLAR ACTIVITY DECLINES

o PARTS WERE UNDER POWER OR BIAS FOR FIRST 8 MONTHS AND ABOUT 10Z OF THE
TIME THEREAFTER

', UNDER POWER 12 MONTHS
NO POWER 38 MONTHS
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ESTIMATE OF TOTAL DOSE SEEN BY PARTS DURING MISSION

USED E. G. STASSINOPOULIS STUDY - “THE SPACE TELESCOPE ENVIRONMENT :
EXPECTED CHARGED PARTICLE RADIATION LEVELS”, GSFC DOCUMENT X-601-78-30,
OCTOBER 1978

FIGURE 27 OF X-601-78-30 GIVES TOTAL DOSE VERSUS SHIELD THICKNESS DEPTH
FOR A 600 KM CIRCULAR ORBIT AT 28,8 DEGREES INCLINATION

AT SHIELD DEPTH OF 70-75 MILS AL (APPROXIMATELY MAIN ELECTRONICS BOX

THICKNESS PLUS THERMAL BLANKETS AND HONEYCOMD), FIGURE 27 PREDICTS 250 RADS

(AL)/YEAR CIRCA 1984 (SOLAR MIN CONDITIONS)

SHOULD BE CONSERVATIVE SINCE SOLAR MAX ALTITUDE WAS 490-575 KM AND FOR
TIME OF EXPOSURE NEAR SOLAR MAX TRAPPED PROTON DOSE IS REDUCED

THUS, FOR 50 MONTHS ESTIMATE SOLAR MAX SATELLITE SAW 1040 RADS (AL) EXPOSURE

OR AT WORST USING A FACTOR OF 2 UNCERTAINTY FOR RADIATION ENVIRONMENT
MODELS - 2000 RADS (AL)

— i i mn o
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ELECTRONIC PARTS TESTED AT GSFC - APRIL 1985
(29 ParTs ToTaL)

PART MANUFACTURER & TYPE FLIGHT PARTS  BUILD RESIDUAL  REBUILD RESIDUAL
FAIRCHILD wA 106A(LM 108) OP AMP  7748/039 77487026
RCA CD4034A 8-STAGE STATIC 7725/3 7725/8,15
REGISTER 7716/3%
RCA CD4001A QUAD 2-INPUT NOR GATE  7426/23,49 7426/245,246
RCA CD4O11A QUAD 2-INPUT NAND 7625/215 8144/235,236
GATE
RCA CD4015A DUAL 4-STAGE SHIFT 7534727 8046734, 365
REGISTER
HARRIS HI-1-506A-8 16-CHANNEL /802/91 8208/91,92,94
ANALOG MULTIPLEXER
T1 541802 LOW POWER SCHOTTKY 7738/ 8205/25,25
NOR GATE
NATIONAL MM78C29 CMOS SINGLE /710/21 8222/206,225
ENDED LINE DRIVER
NATIONAL MM54C151 CMOS DIGITAL 7723/122 8222/134,149
MULTIPLEXER
10 FLIGHT 6 RESIDUAL 13 REBUILD
PARTS RESIDUA

-/
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RESULTS

ALL PARTS PASSED ALL STATIC, DYNAMIC, AND FUNCTIONAL ELECTRICAL TESTS WITH
FOLLOWING QUALIFICATIONS:

A) ONE OF THE CD4001A FLIGHT PARTS AND THE CD4OISA AND 541S02 FLIGHT
PARTS HAD BEEN DAMAGED IN BEING REMOVED FROM THE FLIGHT BOARD AND
WOULD NOT PASS A SIMPLE ELECTRICAL CONTINUITY CHECK,

B) ALL OF THE CD4O34A PARTS, BOTH FLIGHT AND RESIDUAL, PASSED THE
D.C. PARAMETRIC TESTS; BUT THEY MARGINALLY FAILED THE DYNAMIC
TESTS WITH TRANSFER TIMES OF ~770 NANOSECONDS COMPARED TO SPECIFIED
VALUES OF 750 NANOSECONDS.

THUS, THESE ELECTRONIC PARTS SHOWED NO ADVERSE EFFECTS DUE TO RADIATION
BECAUSE THEY

e HAD NOT DEGRADED
OR
o HAD DEGRADED AND ANNEALED ON THE GROUND SINCE APRIL 1984,
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RADIATION EXPOSURE AT GSFC OF RESIDUAL PARTS
(MAY 3-6, 1985)

TO TEST THE ANNEALING HYPOTHESIS, FIVE RESIDUAL PARTS WERE EXPOSED TO
2150 RADS (S1) AT A DOSE RATE OF 32 RADS/HOUR IN THE GSFC COBALT 60 CELL.

o PARTS WERE THE TWO CD4001A BUILD RESIDUAL PARTS
THE vwA108A BUILD RESIDUAL PART
THE TWO MM54C151 REBUILD RESIDUAL PARTS

10T

o A LOW DOSE RATE WAS USED TO MINIMIZE DOSE RATE EFFECTS
BETWEEN THE FLIGHT AND LABORATORY ENVIRONMENTS

e THE "WORST CASE" ESTIMATED TOTAL DOSE WAS ACCUMULATED

o PARTS HAD NO BIAS VOLTAGE APPLIED SINCE THE MAJORITY OF
TIME IN SPACE WAS SPENT IN THIS CONDITION
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A SECOND SET OF ELECTRICAL MEASUREMENTS WAS MADE ON THE FIVE SPARE PARTS
AFTER COMPLETION OF LABORATORY RADIATION EXPOSURE. ALL FIVE PARTS PASSED ALL
ELECTRICAL TESTS.

o THE CD4001A AND MM54C151 CMOS DEVICES SHOWED NO OBSERVABLE

MAX
MAX

DEGRADATION
o [HE wAI03A OP AMP DID DEGRADE BUT REMAINED WELL WITHIN SPECIFIED
LIMITS
RESIDUAL RESIDUAL FLIGHT

ELECTRICAL PARAMETER PRE-IRRADIATION POST-IRRADIATION  PART  SPECIFICATION
OFFSET VOLTAGE (wV) 39 36 -314 +500
BIAS CURRENT (pA) 309 1260 /00 2000
OPEN LOOP VOLTAGE GAIN 505 362 239 80

(V/MV)

MIN

i e e e
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CONCLUSIONS

1) WE DEDUCE WITH THE HELP OF SOME LABORATORY TESTING THAT THESE SEVEN
(TWO PART TYPES HAD THE FLIGHT PART DAMAGED, 54LS02 & CD4015A) SOLAR MAX
MISSION PART TYPES SUFFERED NO SERIOUS DEGRADATION DUE TO THE LOW EARTH ORBIT
RADIATION ENVIRONMENT,

2) COMPLEX LINEAR DEVICES SUCH AS THE wA108A BEGIN TO DEGRADE AT LOW
DOSES AND LOW DOSE RATES AND WILL BE SUSCEPTIBLE TO “FAILURE" AT HIGHER
ALTITUDES AND/OR LONGER LIFETIMES,

3) MORE DETAILED EVALUATION OF ELECTRONIC PARTS IN ORBIT AWAITS THE CRRES
MISSION (~1986) AND THE SPACE STATION WHEN RADIATION DETECTORS ACTUALLY MEASURE
THE ENVIRONMENT EXPERIENCED BY ELECTRONIC PARTS WHICH ARE SIMULTANEOUSLY BEING
MONITORED FOR ELECTRICAL PERFORMANCE.
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SMM HARDWARE EVALUATION

FAIRCHILD

@@wTid 10N XNVIE 39vd DNIG03Ed

OBJECTIVE

SPACE COMPANY

TO CHARACTERIZE PHYSICAL PROPERTIES OF MATERIALS, LISTED BELOW
AFTER FOUR (4) YEARS IN LOW EARTH ORBIT

SYSTEM PRELOAD
BOLT

MAIN ELECTRONICS
MODULE HONEYCOMB
PANEL

THERMAL LOUVERS

HARDWARE MATERIAL PHYSICAL PROPERTY
RETURNED EVALUATED OF MATERIAL TESTED
MODULE RETENSION T1 - 6 AL - &4V YIELD STRENGTH

EPOXY FILM
ADHESIVE

POLYIMIDE BLADE
ADHESIVE

UTS

PEEL STRENGTH

LAP SHEAR STRENGTH
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SMM HARDWARE EVALUAT ION A FaircHiLD
MRS PRELOAD BOLT: TI - 6AL - 4V, SOLUTION TREATED AND
AGED CONDITION
FINISH: TIODIZE, TIOLUBE
EXTENDER
t\ MRS SEAM
RESTRAINT
TWO-AXIS
oy i [
P\ //
MODULE CORNER
FRAME . BRACKETS (2!
PRELOAD / i F@ 2 |
soLT ieoon i/
CONNECTOR & '/ u;‘u“‘u’ !
BRACKET (%)
| ﬁﬂﬁtn
/
MODULE COVER /
(EQUIPMENT .
BASEPLATE)
SNUBBER
BRACKETS (2)
{OPTIONAL) //
‘\“~conuen
DOUBLERS (8)

MMS MODULE STRUCTURAL ASSY
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SMM HARDWARE EVALUATION

RESULTS OF PRELOAD BOLT EVALUATION

[ FaircHiLD

SFMCE COMPANY

TEST RESULTS

PROPORTIONAL LIMIT

ULTIMATE TENSILE

801

HANDBOOK HANDBOOK
LOAD (LBS) | STRESS (Ks1) | STRESS (KsI) | LOAD (LBS) | STRESS Ksi) |STRESS (Ks1)
SMM RETURNED BOLT #1 | 28,000 126.3 120 34,000 153.4 140
#2 | 29,000 130.8 35,250 157.8
UNFLOWN MMS BOLT - 28,000 126.3 * *
CONTROL
REMARKS: * MMS BOLT TESTED TO 32,500 LB TENSION LOAD. POST

TEST INSPECTION REVEALED HAIRLINE CRACKS AT
THREAD UNDERCUT DIAMETER,




ORIGINAL PAGE 18
OF POOR QUALIT
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SMM HARDWARE EVALUATION

[ FaircrHiLD

SPACE COMPANY

OTT

RESULTS OF MEM HONEYCOMB PANEL EVALUATION

'‘PER DRAWING

TEST SPECIMEN

VALUE (MIN)

(MIL-A-25463A, TY T) RESULT

INDIVIDUAL PEEL 7. IN-LB/IN 7.2
VALUE (MIN)

AVERAGE PEEL 8.5 ---

CONCLUSION - NO DEGRADATION IN R.T. BOND STRENGTH OF ADHESIVE
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SMM HARDWARE EVALUATION Id FaircHILD

BPACE COMPANY

SMM ACS LOUVER BLADE MATERIALS

BLADE HALVES 1100 - H18 AL
SHAFT 6061 T6 AL
ADHESIVE MATERIAL AMERICAN CYANAMID BR34 POLYIMIDE

AND PROCESSING
APPLIED 3-5 MIL EACH SURFACE

AIR DRIED 30 MINUTES

BAKED 30-40 MINUTES AT 220°F

BAKED 45 MINUTES AT 410°F

CLAMPED TO 45 ps1 AND HEATED TO
550°F IN 30 MINUTES

0 HELD 90 MINUTES AT 550°F

0 COOLED, UNCLAMPED

o O o o o
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SMM HARDWARE EVALUATION FAIRCHILD

SPACE COMPANY

RESULTS OF LAP SHEAR TESTING OF LOUVER BLADE ADHESIVE

SHEAR STRENGTH (ps1)
CONTROL (UNFLOWN) NO. AVERAGE MIN MAX NOMINAL

SPECIMENS 3 1420 1070 1655 1500

RETURNED (FLIGHT)
SPECIMENS Y 525 365 750

CHANGE IN PROPERTY (AVG): 63% REDUCTION

NOTES: o TEST SPECIMENS FABRICATED FROM BLADE EDGE MATERIAL.
SPECIMENS WERE 0.375 X .125 INCH, STANDARD LAP
SHEAR SPECIMENS ARE 0.5 X 1,0 INCH.






SMM HARDWARE EVALUATION

@ FaircrHo

RED ARTIFACT PRESENCE

FLIGHT
BLADES

EDGE AREAS BOTH SIDES OF
TWO BLADES

CENTER SHAFT  BOTH SIDES OF
AREAS TWO BLADES

911

UNFLOWN
BLADES
NOT PRESENT ON
ON ANY EDGE
OR CENTER SHAFT
OF TWO UNFLOWN
BLADES



SMM HARDWARE EVALUATION FAIRCHILD

SPACE COMEPANY

L1T

BASIC CHEMISTRY OF BR34 CURING

STAGE TEMPERATURE PROCESS

“CURE" 350°F 0 POLY-IMIDIZATION OCCURS
BY CHAIN EXTENSION
REACTIONS IN HIGH BOILING
POINT SOLVENT SOLUTION

0 LOW MOLECULAR WT (H203;
ALCOHOLS) DEVOLATILIZATION

“POST CURE" 550°F 0 END OF POLYMERIZATION,
PRECIPITATION OF POLYIMIDE
CHAINS

0 DEVOLATILIZATION OF SOLVENT
(NMP -
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SMM HARDWARE EVALUAT ION [ FaircHILD

SPACE COMFPANY

— = -
HOOC COOH NMP
N\ =1 /\/> 1 s oo
—-HNOC CONH-R'—— \\\ ’// N
0
B POLYAMIC ACID B POLYIMIDE

NMP = N-METHYL-2-PYRROLIDONE

THE POLYAMIC ACID 1S CONVERTED TO POLYIMIDE IN THE
PRESENCE OF SOLVENT, E.G., NMP.

TO OBTAIN TOUGH AND FLEXIBLE FILMS FROM THE PRODUCT
AFTER MOST OF THE SOLVENT HAS EVAPORATED, IT IS
NECESSARY TO COMPLETE CONVERSION TO POLYIMIDE BY
HEATING .TO 300 °C.



SMM HARDWARE EVALUATION FAIRCHILD

SPACE (COMPANY

611

EVALUATION OF RED NODULES

HYPOTHESIS: RED NODULES REPRESENT REGIONS OF PURE POLYIMIDE RESIN
CURED IN SPACE

D
0 BR34 IS A MIXTURE OF POLYIMIDE RESIN, 40-60% ALUMINUM POWER,

TRACE OF As,Ss, AND PROPRIETARY COMPOUNDS
o THE PURE POLYIMIDE RESIN IS KNOWN TO CURE INTO RED TO DARK~
RED COLORS, DEPENDING UPON PROCESS VARIABLES

0 ISOLATION ON NODULES IN SEM/EDAX INDICATED AL NOT PRESENT
WITHIN NODULES BUT ABUNDANT IN ADJACENT AREAS AND THROUGHOUT
UNFLOWN BLADE BOND LINES

THEREFORE EVIDENCE SUGGESTS FINAL CURING IN SPACE

o
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SMM HARDWARE EVALUATION ﬂ FAIRCHILD

CONCLUSIONS

0 APPROXIMATELY 63% DECREASE IN ADHESIVE STRENGTH
0 FOUR PLUS YEARS IN VACUUM SERVES TO FURTHER REMOVE SOLVENT (NMP)
o INTEGRITY OF ADHESIVE (FOR THE APPLICATION) IS UNIMPAIRED

- SELF LIMITING PROCESS

- MAXIMUM STRESSES WHILE IN ORBIT ARE VIRTUALLY ZERO,
I.E., ALMOST NOT LOADED

- AT 20uG’s, Fs = 72 psl



e

PORTABLE INFRARED REFLECTOMETER MEASUREMENTS OF SOLAR

MAX POST-FLIGHT AND SPARE PRE-FLIGHT LOUVER BLADES

[ ramrcro

S 13G WHITE PAINT

i ; 7 THIS EDGE
| | | SOLAR MAX POST-FLIGHT
. : -———
[:ig: o3 9 o5y 97 —7— VALUES
' [ |
(o) ¢+ (978 (973 | (.97W) ~+— PRE-FLIGHT VALUES
'—‘
N
i
SIDE 2
f | l SOLAR MAX POST-FLIGHT
!! 977 . .9m ' .975 ' 975  —}—— VALUES
(,980) (.983) ' (.98%) , (.984) ~t— PRE-FLIGHT VALUES




[ FaircHLD

LA COMEPANY

SMRM HARDWARE EVALUATION - QPA 524

¢ RESULTS OF EVALUATION

- LOUVER TEMPERATURE CALIBRATION

[AAN

BLADE SPECIFICATION PRELAUNCH SETTINGS| POST RECOVERY SETTINGS
POSITION | LIMITS (OF) S/N003 | S/NO06 | S/M003_ | S/NOUG
OPEN 65 + 3.6 67.4 | 66.0 67.8 65.6
CLOSE 55636 | 350 | 33.0 36.5 35.6
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LOUVER EFFECTIVE SOLAR ABSORPTANCE VERSUS SUN
ANGLE ATS-6 TEST DATA, OSR BASEPLATE

03
BLLADE ANGLE
30 DEGREES
0.2
i
-
«
=
o
" \
- BLADE ANGLE
90 DEGREES /
0.1 -
BLADE ANGLE /
SUN 60 DEGREES
\,
[ ]
[]
. \ BLADE
' o 4| ANGLE
i
00 ’ i
0.0 45.0 90.0 135 180

SUN ANGLE (¢)~DEGREES
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FAILURE ANALYSIS AND PERFORMANCE EVALUATION OF
NASA INERTIAL REFERENCE UNIT (DRIRU II)
AFTER 50 MONTHS OF ORBITAL OPERATION

K. N. Green
J. W. Ritter
D. Skinner

R. L. Van Alstine

Teledyne Systems Company
Northridge, California

The first production DRIRU II (NASA standard high
performance Inertial Reference Unit) system was
launched as a subsystem of the Modular Attitude
Control System for the Solar Maximum Mission
(SMM) spacecraft in February 1980. This hardware
was retrieved during the repair of the SMM during
Shuttle Flight 41-C in April 1984 and returned to
Teledyne Systems Company (manufacturer) for
investigation and performance measurements as
directed by Goddard Space Flight Center.

A fatlure of one of the three gyro channels
occurred approximately 612 months after launch.
The built in redundancy functioned properly,
hence, the DRIRU II continued to provide the
required attitude control function without
performance degradation. Subsequent failure of
other attitude control subsystems made the SMM a
candidate for the first demonstration of the
shuttle in-orbit repair capabilitcy.

This paper discusses the in-orbit DRIRU II
failure scenario and the results of the

- analyses/tests conducted after retrieval.
Comparison of this data with similar data prior
to launch demonstrates the excellent stability of
performance parameters achieveable with DRIRU II.

Reprinted by permission of the American Astronautical Society
from Advances in the Astronautical Sciences, Guidance and
Control 1985, Volume 57.
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INTRODUCTION

Development of the NASA Standard High Performance Inertial Reference
Unit (DRIRU II) was initiated by Teledyne Systems Company in 1976 under
the direction of the Jet Propulsion Laboratory for the Goddard Space
Flight Center.l The initial contract was for two systems, a flight
system (S/N 1001) which was subsequently flown on the Solar Maximum
Mission Spacecraft, and a Qualification system (S/N 1002) which was used
to qualify the original design and has subsequently been used to support
system design modifications associated with unique requirements of other
programs using DRIRU II,

To date, a total of thirteen systems have been delivered as summarized
in Table 1. Five of these systems have flown on spacecraft associated
with the Solar Maximum Mission, LANDSAT, and Engineering Test Satellite
(Japanese) programs, and as of January l, 1985 have accumulated a total
of approximately 237,700 gyro running hours in space (see Table 2).

Two additional systems are presently being built and are planned for use
on the Gamma Ray Observatory Spacecraft and a DoD program,

Failure of various subsystems aboard the Solar Max Spacecraft caused
NASA to select Solar Max for the first demonstration of NASA's
capability to repair spacecraft using the shuttle as an in orbit repair
facility. NASA successfully demonstrated this repair capability in
April 1984 when the astronauts on shuttle flight 41-C located,
retrieved, repaired, and re-deployed Solar Max as a fully functional
spacecraft at considerably less cost than would have been incurred if a
new replacement spacecraft had been built and launched. Additionally,
this Solar Max Repair Mission (SMRM) yielded the first opportunity for
NASA to closely examine and analyze hardware returned to earth after
being exposed to space environment for an extended period of time (50
months). The first DRIRU II system built and flown (S/N 1001) was one
of the subsystems of the Modular Attitude Control System (MACS) returned
for evaluation,

DRIRU II system S/N 1001 was returned to Teledyne Systems Company in
September 1984 for the purpose of investigating the cause of the channel
C failure that occurred approximately 61/2 months into the mission and to
assess the overall condition (structural integrity, materials
degradation, performance, stability of parameters, etc.) of the system.
The investigative effort expended to date has concluded that the Channel
C failure was related to an intermittent electrical short discussed
later in this paper. The physical condition of the system was excellent
and revealed no apparent materials degradation. Considerable test data
acquired since the system was returned has revealed no degradation in
system performance when compared to data acquired prior to launch, and
excellent stability of system performance parameters (scale factor,
acceleration insensitive drift rate, axis alignment, etc.) as discussed
in detail later in this paper.
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Table 1. DRIRU II Hardware Delivery/Allocation Summary
SYSTEM SERIAL DELIVERY
NUMBER HARDWARE CUSTOMER DATE PROGRAM/ALLOCATION
S/N 1001 FLIGHT UNIT NASA/JPL 10/78 GSFC, SOLAR MAXIMUM
MISSION
$/N 1002 QUALIFICATION UNIT | NASA/JPL 6/78 GSFC. LANDSAT D (SPARE)
S/N 1003 PRODUCTION UNIT NASA/MSFC 3/719 MSFC, ANNULAR
SUSPENDED POINTING
SYSTEM (ASPS)
SIN 1004 PRODUCTION UNIT NASA/JPL 9/79 GSFC, LANDSAT D
S/N 1005 PRODUCTION UNIT NASA/JPL 1179 GSFC, LANDSAT D
S/N 1006 PRODUCTION UNIT NASA/JPL 12/79 GSFC. LANDSAT D
SIN 1007 PRODUCTION UNIT NASA/JPL 1/80 SOLAR MAX
SIN1 FLIGHT UNIT GENERAL ELECTRIC 10/79 TOSHIBA, ETS Il
S/N 2 FLIGHT UNIT GENERAL ELECTRIC 1179 TOSHIBA, ETS 11
S/N 1008 LAB UNIT DoD 10/81 CLASSIFIED
S/N 1015 FLIGHT UNIT DoD 10/83 CLASSIFIED
SIN 1016 FLIGHT UNIT DoD 12/83 CLASSIFIED
S/IN 1017 FLIGHT UNIT NASA/MSFC 4/83 0ss-3
62300-1
Table 2. DRIRU II Operation in Space
GYRO
SYSTEM LAUNCH OPERATING
SIN PROGRAM DATE HOURS
1001 SOLAR MAX 2/14/80 89,700
1006 LANDSAT 4 7/16/82 71,300
002 ETS 111 9/2/82 22,600*
1005 LANDSAT 5 3/1/84 28,500
1007 SOLAR MAX 4/6/84 25,600
TOTAL GYRO OPERATING HOURS IN SPACE = 237,700
* ONE GYRO CHANNEL OPERATING AT A TIME §2300-2
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SYSTEM DESCRIPTION

VRIRU II is a self-contained, strapdown, three axis, dual redundant
attitude rat: sensing unit for use in spacecraft where high accuracy,
nigh reliability and low power consumption are key requirements.2,3 The
aunlt contains three independent channels each of which provides two axes
2f output information. The three-channel inertial reference unit
contains the following major elements:

a. Three two-degree-of-freedom dry tuned-gimbal gyros
b. Three independent sets of five electronic modules
¢c. Three independent power supplies
d. One chassis and housing assembly.

A photograph of the basic unit is shown in Fig. 1. The exploded view in
Fig. 2 shows the functional organization of the previously listed major
elements and the modular construetion. The chassis containing the
gyros, electronics and power supplies 1s supported by the housing
through the use of four vibration isolators. This isolation system
provides protection from the high mechanical inputs during payload
launch and deployment and maintains the high degree of axis alignment
stability required during use.

DRIRU II operates on 28 +7 VDC prime power and nominally consumes 22.5
watts. Dual range, analog rebalance loops are used with an externally
supplied discrete range command for high rate tracking or low rate
precision pointing. Gyro torquer self-test capability is also included.
The system outputs are analog rates, digital incremental angles, clock
reference and telemetry for range status, gyro temperature, motor
current and regulated voltage from each of the three channels. The
gyros, electronic modules and power supplies are physically described as
shown in Fig. 3. Three, orthogonally mounted, two degree-of-freedom
gyros and triplication of electronic modules and power supplies are used
to provide full operational capability with any two of the three
channels. The system sensing axes are oriented coincident with the
unit's orthogonal reference axes. As the unit is modular, DRIRU II can
be hardware implemented or operated with one, two or three channels.

The simplified functional block diagram for a éingle gyro channel shown
in Fig. 4 summarizes the basic signal flow and indicates the
relationship between the gyro and electronic modules.

The gyros are captured in an analog torque to balance mode with
restoring currents that are proportional to the spacecraft angular rates.
The voltage developed by the current passing through precision scaling
resistors is then voltage-to-frequency (V/F) converted by reset
integrator V/F converters. Two sets of scaling resistors are used per
gyro axis to provide for the externally commandable high and low rate
ranging.
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The gyros used in DRIRU II are Teledyne SDG-5 Dynamically Tuned Gyros.
Since the gyro performance temperature coefficients are highly linear
«nd stable, self-contained aialog temperature compensation is employed
ror operation over a 40°C teamperature range without the need for
2xternal software compensation. No heaters or temperature control are
-equired which significantly reduces power consumption and enhances
reliability. External software compensation based on the temperature
telemetry slinal may be employed if operation over a broader temperature
range and/or increased performance is deslired.

Mechanical interface with the spacecraft is accomplished by a three
point mounting on the bottom surface with orientation about the z-axis
provided by alignment reference buttons, or alternatively through the
use of precision mounting holes. Both the alignment reference buttons
and mounting holes are related to an optical master reference cube. A
fixture 1s avalilable to facilitate installation of the unit in
conjunction with the externally mounted optical alignment cube for
boresight reference.

FLIGHT HISTORY OF S/N 1001

DRIRU II System S/N 1001 was launched into orbit aboard the Solar
Maximum Mission Spacecraft on February 14, 1980. All three gyro
channels operated normally until September 1, 1980 when a channel C
failure was observed. That channel became inoperative and spacecraft
attitude was maintained with channels A and B until retrieval in April,
1984.

Failure Scenario

The first indication of failure was the drop to near zero of the Channel
C gyro motor current. This was determined from gyro motor current
telemetry and Channel C 28 volt input current. After 72 seconds the
motor current abruptly increased beyond telemetry saturation and
subgsequently the fuse in the input power line external to DRIRU II was
blown. The drop of motor current is compatible with an erroneous level
in the motor enable logic circuitry. The surge in motor current is
compatible with the motor enabled in a static (unclocked) mode. The 28
volt MACS input current and Gyro C motor current telemetry data are
shown in Fig. 5. For the purpose of 1llustration, minor deflections in
the waveform have been omitted.

Based on these symptoms, a fallure tree was created and failure analysis
reports were generated by GSFC,% JPL> and Teledyne. The reports were in
general agreement that the fallure was most probably in the motor
control logic. This conclusion was verified by troubleshooting after
SMM retrieval.

In the immediate aftermath of the failure, much effort was expended to
determine if the failure could have been induced by radiation. This was
required because the failure occurred while in the vicinity of the South
Atlantic Anomaly and was nearly coincident with unrelated memory
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Figure 5. Failure Telemetry Data

fallures elsewhere in the spacecraft that were determined to be
radiation induced. Also, the suspect logic devices were CM0OS, which
were considered potentially sensitive to radiation. Extensive tests
were performed which eventually led to the conclusion that radiation was
not a probable cause of the failure. This conclusion was also verified
by troubleshooting after retrieval.

POST FLIGHT EVALUATION
The unit was returned to Teledyne on 25 September 1984. Authorization
was received from the Goddard Space Flight Center to proceed with

evaluation of the failure and perform evaluation testing. The suspected
failed module, the Channel C Spin Supply, Pickoff Excitation and
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Telemetry (SSPOET) module, was removed for visual inspection and
replacad with a backup modulae. Functional tests, including gyro spin
motor functional tests, were successful on all three channels. Table 3
ihows the spin motor telemetry voltages measured for each DRIRU II
channel compared to original Acceptance Test data in October 1978.

Perforinance tests were then bagun following a test plan mutually
cstablished by Teledyne and the GSFC.

System Failure Analysis

During initial stabilization at 50°C (using the substitute Channel C
SSPOET module) the Channel C input current protection circuit tripped,
indicating that a DRIRU II failure had occurred. This symptom was
compatible with the blown fuse that occurred in orbit. Subsequent
troubleshooting revealed an intermittent logic device (CD4017A) in the
motor supply countdown logic on the V/F Buffer module. The original
suspect SSPOET module was reinstalled and an intermittent system failure
was detected characterized by loss of motor drive current. After a
short period of time the intermittent failure became a hard failure.
Subsequent troubleshooting revealed a failed logic device (CD4049A) on
the SSPOET module. Module level testing revealed another logic device
(CD4081B) with severely degraded logic threshold characteristics. The
relationship of these falled components is shown in Fig. 6.

During the above troubleshooting, a strip chart recorder was used to
monitor critical test poinrs. On two occasions the +5 volt logic supply
was observed to momentarily go out of tolerance on the high side. This
failure mode was not caused by any of the above mentioned component
failures but was considered a possible cause of one or more of those
failures. To date, the cause of this +5 volt intermittent failure has
not been determined. Several possible areas have been identified and
further investigation will be coordinated by Teledyne and GSFC.

Table 3. DRIRU II S/N 1001 Gyro Spin
Motor Current Telemetry

SPIN MOTOR TELEMETRY
GYRO (VvOLTS DC)
CHANNEL
10/78 11/84
A 1.0 0.90
B 1.05 1.10
c 1.04 1.30

SPECIFICATION REQUIREMENTS: 0.7- 1.7 VOLTS

133



3.uluuz :)_.\
_ o fraxme ~6 10
180 |—{ =10 o ) __ MOTOR
DRIVE
1 SWITCHES

CD4017A

l CD40818
MOTOR
ENABLE
CD4049A
V/F BUFFER SSPOET
MODULE MODULE 623008

Figure 6. DRIRU II Motor Control Logic

The three failed logic devices were returned to GSFC for failure
analysis.® The CD4049A and CD4081B exhibited obvious electrical
overstress. The CD4049A had a fused output, which, at the system
level, serves as an input to three pins of the CD4081B. The observed
electrical overstress and the +5 volt out of tolerance condition are
compatible with the application of a voltage greater than 8 volts to
this node. The CD4017A did not exhibit physical signs of induced
overstress but appeared to have an oxide defect that caused a resistive
short between an internal die signal and ground. No scenario has been
developed to relate all of the observed orbital failure symptoms solely
to the defective CD4017A device. However, because the data gathered
during troubleshooting indicates with a high degree of certainty that
the failure was characterized by an out of tolerance logic supply
voltage, it follows that the latent defect in the CD4017A could have
been the most susceptible weak link. With the combination of CD4017A
and CD4049A failures, all of the orbital failure symptoms have been
reproduced in the laboratory.

System Performance Testing

After the two failed modules were removed for evaluation, the system was
reassembled with two substitute modules for performance evaluation and
134
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further gyro spin motor tests. Initially, only limited performance
tests were planned but it was eventually decided to perform a full
series of temperature tests in order to evaluate stability of scale
factor and AIDR over the operating temperature range as well as to
deteriine baslc parameter repeatability with respect to as-shipped data.

The s’stem had been initially acceptance tested in October 1978, shipped
to the GSFC, then returned to Teledyne for minor modification and
reshipped in early 1980. The present test series (December 1984) was
designed to repeat the 1978 acceptance tests rather than the interim
testing since the interim testing was limited in scope and did not
provide a full data comparison base (e.g., only 66°C data were obtained,
thereby precluding the comparison of temperature stablility data).

The following standard DRIRU II performance tests were accomplished
during the evaluation period:

a. Precision rate tests at 36°C, 50°C, and 66°C to determine
scale factors, linearity and symmetry.

b. Static multiposition tests at 36°C, 50°C and 66°C to determine
acceleration insensitive drift rate (AIDR).

c. Misalignment measurements for the gyro axes relative to the mounting
reference axes and also the optical cube surfaces relative to the
mounting reference axes.

d. Six hour AIDR stability.
e. Noise equivalent angle (NEA).

Results of the performance tests are summarized in the following
paragraphs and the referenced tables and figures. Only the incremental
output data were evaluated since these are the most accurate DRIRU II
outputs.

1. Scale Factor Long Term Stability

Table 4 shows the scale factors measured in December 1984 compared
to original acceptance test data in October 1978. All six system
axes are shown for both low and high rate ranges at 50°C. Note that
average absolute changes over the 74 month period were 229 ppm and
271 ppm for the low and high ranges, respectively. Channel C was
the largest contributor by far to these averages. For Channels A
and B, the corresponding average low and high range changes are only
58 and 142 PPM, respectively. Concern about significant scale
factor changes due to gyro torquer magnet aging effects are not
borne out by these data. Even assuming that the worst case Channel
C change 1s all due to magnet aging, this would show an average rate
of change over the six year period of approximately 100 ppm per
year. Channels A and B show no discernible aging characteristics.

i1
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Table 4. DRIRU II S/N 1001 74 Month Scale Factor Stability

LOW RANGE HIGH RANGE
DEVIATION FROM NOMINAL (PPM) DEVIATION FROM NOMINAL (PPM)
GYRO )

CHANNEL AXIS 10/78 12/84 CHANGE 10/78 12/84 CHANGE

A X, +2349 +2480 +131 -916 —698 +218

Z —484 -569 -85 —735 —-872 -137

B Xq +14 +18 +4 -561 —-526 +35

Y, +1112 +1124 +12 -1138 -9870 +168

C Y2 +30 -573 —603 -593 -1215 —-622

z, -1261 -1726 -465 -2251 —2697 —446

MEAN —-168 -131

STD. DEVIATION 205 340

AVERAGE ABSOLUTE 229 an

CHANGE

SPECIFICATION REQUIREMENTS:

ABSOLUTE VALUES WITHIN + 5000 PPM OF NOM.
ENVIRONMENTAL STABILITY <+ 100 PPM (LOW)
LONG TERM STABILITY (30 DAY+ 50 PPM (LOW)

<4 200 PPM (HIGH)
62300-9

These data show that careful temperature stabilization techniques
used on the samarium cobalt gyro torquer magnets can produce
excellent long term performance characteristics.

Scale Factor Linearity

Table 5 shows scale factor linearity data measured in October 1978
and December 1984. Only low range measurements are required by the
acceptance test procedure. Note that the average non-linearity
measured in 1984 is less than half the original data (36 ppm vs. 78
ppm). This reflects an improvement in test technique rather than
improvement in actual linearity. Non-linearity is defined as the
worst case deviation of the scale factor determined from data
acquired at input rates of +.03, +.06 and +.09 degrees per second.

Scale Factor Asymmetry
Scale factory Asymmetry measurements are shown in Table 6. Again,

the improvement in test techniques is shown dramatically in the data
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Table 5. DRIRU T1[ S/N 1001 Scale Factor Linearity
LINEARITY (PPM)
LOW RANGE
GYRO
CHANNEL AXIS 10/78 12/84
A X, 78 36
z, 103 40
B X, 84 34
Y, 58 26
c Y, n 39
z2 75 43
AVERAGE 78 36
SPECIFICATION REQUIREMENT: < 100 PPM 62300-10
Table 6. DRIRU II S/N 1001 Scale Factor Asymmetry
ASYMMETRY (PPM) ASYMMETRY (PPM)
GYRO LOW RANGE HIGH RANGE
CHANNEL AXIS 10/78 12/84 10/78 12/84
A X, 5 4 17 7
zZ, 17 1 14 3
B X, 26 5 10 0
Y, 45 7 7 2
c Y, 33 5 14 6
z, 4 3 33 4
AVERAGE 22 4 16 4

SPECIFICATION REQUIREMENT:

for both low and high rate ranges.

<50 PPM LOW RANGE ONLY

The most recent data, averaging

62300-11

4 ppm, are within the accuracy of scale factor determination.

Scale Factor Temperature Stability

Since DRIRU II is not temperature controlled, internal temperature
compensation circuitry 1s used to correct the basic system level

temperature sensitivities (primarily gyro related).
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adequacy of the compensatlon circuitry, scale factor is measured at
three temperatures - 36°C, 50°C and 66°C. Table 7 shows the peak to
peak variations over those temperatures for the six axes. Note that
{n all but onc case the variations were lower for the retest data as
compared to the original data. As before, this is due to improved
test techniques.

AIDR Long Term Stability

Long term stability of Acceleration Insensitive Drift Rate (AIDR) is
shown in Table 8. For low range, the average absolute change was
0.0051 arc sec/sec (o/hr). Only one axis out of six showed a change
greater than 0.01 arc sec/sec. These stability values show
exceptional DRIRU 1I performance especially in view of the current
Teledyne specification (document 7516544) limit of 0.02 arc sec/sec
for 30 days of continuous operation in a benign environment plus an
additional 0.03 arc sec/sec instability allowance over launch
environments. For high range, the changes were only slightly worse,
averaging 0.0147 arc sec/sec. The difference between the two ranges
is mainly due to the coarse scaling of the high range, 0.8 arc
sec/pulse vs. 0.05 arc sec/pulse for low range.

AIDR Short Term Stability

Stability of AIDR under benign conditions 1s measured over a six
hour period using ten minute averages. Peak-to-peak variations of
these ten minute averages are recorded as six hour stability.

Table 9 summarizes the peak-to-peak variation of each of the six
axes for pre— and post-flight testing. All data are within
specification limits (0.003 arc sec/sec) except Z2 axis which is
assocliated with channel C. The cause for this out of tolerance
condition may be the high temperature sensitivity of the Z2 axis as
discussed below.

AIDR Temperature Stability

AIDR 18 measured at the same three temperatures as used for scale
factor testing. Results of these tests are shown in Table 10. The
specification requirement 1s specified as an equation including
linear and second order terms involving temperature deviations from
a 50°C reference point. To simplify the comparison of test data, a
specification 1limit of 0.083 arc sec/sec peak to peak was calculated
from this equatfon using the two end points, 36°C and 66°C. As can
be seen one of the six axes exceeds this 1limit, axis Z2. However,
as the table indicates, this same axis was out of tolerance when
initially delivered (a waiver was approved by GSFC) and the retest
data is very close to the original number. Current production units
benefit from refinements In compensation techniques, thereby
eliminating similar out of tolerance conditions on more recent and
current systems.

14
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Table 7. DRIRU II S/N 1001 Scale Factor Temperature Stability
PK-PK CHANGE (PPM) OVER 30°C
GYRO LOW RANGE
CHANNEL AXIS 10/78 12/84
A X, 110 98
z, 213 80
B Xy 133 60
Y, 157 223
c Y, 227 195
z, 93 61
NOTE: TESTS WERE CONDUCTED AT +36°C, +50°C AND +66°C.
THE TABULATED VALUES ARE PEAK TO PEAK SCALE
FACTOR CHANGES OVER THE THREE TEMPERATURES.
SPECIFICATION REQUIREMENT: 200 PPM PK-PK. 62300-12
Table 8. DRIRU II S/N 1001 74 Month AIDR Stability
LOW RANGE HIGH RANGE
(ARC SEC/SEC) {ARC SEC/SEC)
GYRO
CHANNEL AXIS 10/78 12/84 CHANGE 10/78 12/84 CHANGE
A X, —.1669 —.1518 +,0151 —.3489 —.3447 +,0045
z, -.3615 —.3562 +.0053 -.3084 —.2913 +0171
B 2 —.1148 —.1146 +.0002 —-.1619 —.1607 +.0039
Y, +.3830 +.3780 —.0050 +.4241 +.4403 +0162
c Y, —1729 ~1712 +.0017 -.2192 —.2033 +0159
z, +.2481 +.2450 —.0031 +.4186 +,3853 —.0333
MEAN +0024 +.0041
STD DEVIATION .0072 .0193
AVERAGE ABSOLUTE
CHANGE .0051 .0147
SPECIFICATIONS REQUIREMENTS:
ABSOLUTE VALUE < 2.0 ARC SEC/SEC
ENVIRONMENTAL STABILITY < .03 ARC SEC/SEC (LOW)
LONG TERM STABILITY (30DAY) < .02 ARC SEC/SEC {LOW)
< .03 ARC SEC/SEC (HIGH) 62300-13
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Table 9. DRIRU II S/N 1001 AIDR Short Term Stability (Low Range)
6 HOUR DRIFT STABILITY
GYRO (ARC SEC/SEC PK-PK)
CHANNEL AXIS
10/78 12/84
X, .0016 .0012
A
zZ, .0024 .0014
X, .0018 .0023
8
Y, .0017 0018
Y .0022 .0027
c 2
z, .0022 .0045
62300-14

SPECIFICATION REQUIREMENT:

< .003 ARC SEC/SEC PK-PK {LOW RANGE ONLY)

Table 10. DRIRU II S/N 1001 AIDR Temperature Stability
PK-PK CHANGE (ARC SEC/SEC) OVER 30°C
LOW RANGE
GYRO

CHANNEL AXIS 10/78 12/84
A X, 0604 .0517
z, .0381 0245
B X, .0481 .0318
Y, 0234 .0049
c Yy .0261 0285
z, .1957° 1912

NOTE: TESTSWERE CONDUCTED AT +36°C, +50°C AND +66°C.
THE TABULATED VALUES ARE PEAK TO PEAK AIDR
CHANGES OVER THE THREE TEMPERATURES.

SPECIFICATION REQUIREMENT: 083 ARC SEC/SEC

"UNIT WAS INITIALLY DELIVERED WITH AN APPROVED WAIVER FOR Z2 AXIS
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$. Gyro Axes Alignment Stability

Two types of measurable ixis alignments are important to DRIRU Il -
alignment of the gyro Ilnput axes to the external mounting surfaces
and alignment of the optical refer:nce cube to the external mounting
surfaces. Stabllities of these alignments are important,
particularly the stabilities of the gyro axes through launch
environments and over extended time periods. Table 11 shows the
twelve measured alignment terms (two for each gyro axis) for the
original acceptance data and the post retrieval data. Average
absolute change was 7.7 arc sec. These terms include misalignments
within the gyros, across the shock isolators, and within the

DRIRU II housing and chassis structures. Also included are remount
uncertainties and test errors. The concern held by some that an
elastomeric 1solation system cannot provide good mechanical
stability is dispelled by these data. 1In order to show the
consistency of the measurements, the recorded changes were regrouped

4

Table 11. DRIRU II S/N 1001 74 Month Gyro Axis Alignment Stability

GYRO AXIS ALIGNMENT
CHANGE
GYRO (ARC SECONDS) (ARC SEC)
CHANNEL TERM® 10/78 12/84 (74 MONTHS)
A X,Y -65 —-74 -9
X,Z +74 +80 +6
z,x -17 -19 -2
z,y -101 -109 -8
B XY —45 -58 -13
X,Z +29 +33 +4
Y, X +9 +14 +5
Y2 +90 +101 +11
c Y, X +79 +96 +17
Y2 +142 +149 +7
z,x -34 -37 -3
: Z,Y -132 -141 -9
MEAN -0.3
STANDARD DEVIATION 8.9
AVERAGE ABSOLUTE CHANGE 7.7
62300-16

*NOTE: TERM INDICATES GYRO AXIS MISALIGNMENT TOWARD DESIGNATED IRU MOUNTING
REFERENCE AXIS,

SPECIFICATION REQUIREMENTS: ABSOLUTE VALUES < 300 ARC SEC
STABILITY (ACROSS LAUNCH ENV.} < 20 ARCSEC
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by system axis rather than by gyro axis and are retabulated in
Table 12. Note here that each group of four misalignment terms
correspond to one direction of rotation about a given DRIRU II
reference axis. The extremely good correlation within each group
indicates that accurate aeasurements of angular position change of
the instrument cluster (three gyros mounted on a rigid body) were
made and that the changes are apparently due mostly to DRIRU II
structural movement (including isolators) rather than individual
8Yro axes.

9. Optical Cube Alignment Stability
Another type of alignment of importance, but only for the purpose of
insuring accurate installation of DRIRU II in the spacecraft, is the
relationship of the optical cube mounted on the top surface of the
unit to the DRIRU II mechanical mounting surfaces. This alignment
is measured optically by the Teledyne Metrology Department and is
independent of any error sources internal to DRIRU II. Table 13
shows the results of these measurements for pre- and post-flight
data. Worst case change was 19 arc sec over 74 months, compared to
a 20 arc sec specification limit over the launch environments.
Table 12. DRIRU II S/N 1001 74 Month Axis Alignment Stability
SYSTEM CHANGE MEAN STD. DEV.
A“EF TERM {ARC SEC) (ARC SEC) (ARC SEC)
X1S
X Y,z +11
Y2 +7 +8.8 1.7
-2,y +8
-2,Y +9
Y -X,Z -8
—XZ —4 -38 1.7
Z,x -2
Z,X -3
b4 XY -9
X,Y ~13 -11.0 5.2
_y1x -5
~Y X -17
62300-17

NOTE: EACH GROUP OF FOUR TERMS ARE THE FOUR GYRO INPUT AXIS MISALIGNMENTS
ABOUT A GIVEN DRIRU 1| MOUNTING REFERENCE AXIS. SIGNS INDICATE POSITIVE
OR NEGATIVE ROTATION ABOUT THAT REFERENCE AXIS ACCORDING TO THE RIGHT
HAND RULE,

18
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Table 13. DRIRU II S/N 1001 74 Month Optical Refereace Stability

OPTICAL ALIGNMENT CHANGE
REF {ARC SECONDS) (ARC SEC)
AXIS 10/78 12/84 (74 MONTHS])
X +42 +68 +16
Y +256 +253 -3
z -9 +10 +19

62300-18

NOTE: ALIGNMENT TERMS ARE FOR A GIVEN OPTICAL CUBE REFERENCE SURFACE MEASURED
WITH RESPECT TO THE CORRESPONDING DRIRU {| MOUNTING REFERENCE AXES.

SPECIFICATION REQUIREMENTS: ABSOLUTE VALUES < 300 ARC SEC
STABILITY (ACROSS LAUNCHENV.) < 20 ARC SEC

This requirement for stability over launch environmeant is imposed
only to assure stability over pre-launch spacecraft integration
testing and handling.

10. Noise Equivalent Angle (NEA)

Noise Equivalent Angle is a means of specifying the output noise
performance of the DRIRU II by accumulating continuous 200 msec
samples of incremental output data over a period of time generally
30 or 60 minutes. These data are analyzed to determine the
peak-to-peak varilation in equivalent angular output after the best
fit slope (drift rate) is removed from the data record. A typical
graphical representation of NEA data is shown in Fig. 7 for one
axis tested during the post retrieval evaluation. Table 14 shows
the peak-to-peak NEA for this axis tabulated along with data for the
other axes. All are within the 1.0 arc sec peak-to-peak
specification limit even though the testing encompassed a 60 minute
period rather than the 30 minute period presently specified.

Gyro Disassembly Investigation

As a third phase of the post-retrieval evaluation, GSFC authorized the
disassembly and inspection of one of the three gyros. Motor evaluation
tests conducted during system testing indicated that normal operating
parameters (i.e., sync time, start and run current levels, motor
telemetry) were all within specification. Additional testing,
specifically motor millivatt traces, was accomplished to determine which
of the two gyros that had been operating continuously during the orbital
period (Channels A and B) showed greater signs of degradation. The gyro
from Channel B was selected hecause the variations ia milliwatt trace
were larger.

19
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Figure 7. DRIRU II S/N 1001 Typical Noise Equivalent Angle (NEA)

(X2 Axis)

Table 14. DRIRU II S/N 1001 Noise Equivalent Angle (Low Range)

GYRO NEA (ARC SEC PK-PK)
CHANNEL AXIS 10/78 12/84
A Xy .86 75
Z, 93 61
B Xq 1.05 63
Y1 .B2 .89
¢ Y, 87 80
Z; .83 98

SPEVCIFICATION REQUIREMENT: 1.0 ARC SEC PK-PK OVER 30 MINUTES {LOW RANGE ONLY!]
NOTE: THE ABOVE TESTS WERE CONDUCTED OVER A 60 MINUTE PERIOD
62300-20
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ORIGINAL PAGE 1S
OF POOR QUALITY

Thia gyro (S/N 094) was disassembled in the presence of GSFC personnel
ind all parts and subassemblies were carefully inspected. Particular
atteni lon was paid to the condition of the ball bearings. Although
vvaluition has not yet been completed, the disassembly effort ylelds the
tollowlng observations.

The bearing races, balls aad retainers showed no excessive wear. The
races exhibited minor ball tracking which would be normal for extended
hearing life (over 40,000 hours). The balls were free of banding or
other signs of abnormal wear. The phenolic retainers appeared normal
with no evidence of ball pocket damage or overheating. However, there
was evidence of lubricant deterioration in the bearings. This appeared
as a dark colored, viscous residue mainly in the ball tracks and the
retainer ball pockets. One bearing showed significant amounts of this
residue with minimal oil remaining. The other bearing exhibited a small
quantity of oll and contained small amounts of the residue. Samples of
the residue and all bearing parts were returned to GSFC for further
analysis, cleaning, and detailed inspection of surface finishes,
material condition, retainer retention characteristics, etc. The
results of these investigations were not available at the time of this
writing.

Other subassemblies and piece parts in the gyro were also visually
examined. No evidence of fallure or degradation was found except for
the incidence of small spots of white substance attached to non-contact
surfaces of the rubber contact ring which is part of the rotor limit
stop. This part has also been sent to GSFC for analysis.

CONCLUSIONS

Based on the failure analysis, inspections and performance testing
performed on DRIRU II S/N 1001 and its subassemblies, the following
conclusions can be made:

1. All evidence to date indicates that the Channel C failure was most
probably caused by an intermittent electrical "short” between the +5
volt logic supply and a higher voltage level.

2. Two of the three failed logic devices were induced failures
consistent with an overvoltage on the +5V terminal. The third
device exhibited a latent internal defect causing a signal to ground
short.

3. There 18 no evidence of system performance degradation due to the
operational and other environments encountered.

4. The system exhibited excellent long term stability of performance
parameters across the launch, orbital operation and retrieval
environments over a 74 month period.
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There was no measurable degradation of the shock/vibration isolators
as evidenced by the excellent alignment stability measured over the
74 month period.

There was no evidence of structural or mechanical changes and no
apparent outpassing or degradation of exposed materials in DRIRU II.

Gyro ball bearings showed no detectable damage to raceways, balls or
retainers, but the bearing lubricant had begun to experience
deterioration.

There was no evidence of other gyro subassembly degradation except
for the presence of small amounts of a white substance (to be
analyzed) adhering to the limit stop rubber coatact ring.
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Analysis of DRIRU Bearings
and Lubricant from Solar

Max Repair Mission
by

Joanne M. Uber
NASA/Goddard Space Flight Center
Greenbelt, Maryland

INTRODUCTION

The Solar Max Repair Mission (SMRM) by shuttle astronauts in
April 1984, returned to Earth the Delta Redundant Inertial
Reference Unit ITI (DRIRU II) from the Solar Max satellite. The
DRIRU IT included three gyroscopes as shown in Figure 1. The
gyroscope, S/N 094, in position 2 was disassembled by Teledyne
Systems personnel of Northridge, California, and the bearings
were returned to Goddard space Flight Center (GSFC) for
examination. The Solar Max satellite had been in orbit for
4 years with the bearings running continuously at 6000 rpm. See
Table I for the gyroscope design parameters.

CONCLUSIONS

The ball bearings--S/N B40 and S/N B58--showed little wear,
had sufficient remaining lubricant and had run successfully for
over 4 years. As a result of these findings, the bearings should
have lasted their predicted l1ife of 5 years with no problems.

OBSERVATIONS

~The gyro, as shown in Figure 2, contained two thrust
bearings made by Barden stamped SR4HX18. The lower bearing was
stenciled with S/N B40 and the upper bearing was stenciled with
S/N B58.

Teledyne Systems supplied two new bearings, S/N E2 and S/N
D55, for comparison with the gyro bearings removed from Solar
Max. Figure 3 shows a disassembled new Barden thrust bearing,
stamped SR4HX360, presently used by Teledyne Systems in their
gyroscopes.

Removal of the case and the hystersis ring, Figure 2,
allowed examination of B40 while still in the gyro. The bearing
had numerous particles clinging to the bearing parts, as shown in
Figure 4. After removing B40 from the gyro, the bearing parts
left an oil trail in the Petri dish--evidence that the bearing
was lubricated. Bearing B58 could not be examined in the
gyroscope. On removal we found that B58 had fewer particles and
ggijwell lubricated as it too left an o0il trail in its Petri

ish.
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Both bearings were rinsed first with alcohol and then
chloroform and the debris was collected. Typical debris
particles are shown in Figure 5. The particles ranged in color
from yellow-red to black. A particle count of each bearing's
debris showed that B40 contained over 500 particles and B58
contained only 150 particles, Figure 6 shows the histograms of
the counts. X-ray spectroscopy using Energy Dispersive Analysis
of X-rays (EDAX) showed that the debris particles consisted
primarily of iron and chromium. A similar analysis showed that
the bearing material was 440C stainless steel.

The retainers are a phenolic material which is porous and is
used as an o0il reservoir. Wash samples were taken from each
retainer and an Infrared Analysis (IR) was run to confirm the
type of lubricant in the bearings. The retainers contained an
aliphatic hydrocarbon lubricant as shown by the lower IR curve in
Figure 7. Teledyne Systems stated that the bearings were
lubricated with KG-80 which is an aliphatic hydrocarbon and its
IR curve as shown in Figure 7 is consistent with the o0il samples
removed from the retainers.

One of the new bearings, S/N E2, was disassembled and parts
from it were compared to the used bearings to evaluate the wear.
Figure 8 shows the inner races of all 3 bearings; note that the
two used inner races show double wear tracks, which can be caused
by a step or a sudden change in load. Mr. John Ritter of
Teledyne Systems stated that it is not unusual for gyro bearings
to exhibit double wear tracks. SEM photos, shown in Figure 9, of
the inner races of E2 and B40 show that E2 is smooth while the
wear area of B40 is filled with tiny pits and scratch-like
deformations. Figure 10 shows the SEM photos of two balls. The
E2 ball's surface is smooth while the B40 ball has numerous tiny
pits. B58 had an appearance similar to but less pronounced than
that of B40 since B58 had less wear than B40 (150 particles as
compared to 500 particles). These tiny pits on the surface of
B40 and B58 are the origination of the wear particles described
above.
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TABLE |

Summary of Design Parameters for the Strapdown Gyro

GENERAL
Weight < 2.3 Lbs.
Size 3" Dia. x 3" Long
Torque Required for 1°/hr. Rate 5 Dyne-Cm/o/Hr.
) Figure of Merit 300
g-Capability 150 G's
) ROTOR
Mass of Rotor 260 GMS
Polar Moment of Rotor 1600 GM-CMZ
6 2
Angular Momentum @ 100 RPS 1 x10 GM-CM /SEC
SUSPENSION
Number of Gimbals 3
Mass of Gimbals and Weights 33 GMS
TORQUER
: Maximum flux density in inner/outer flux rings 4.5 kilo gauss
Average field flux density of air gap 3.0 kilo gauss
’ Nominal torquer scale factor 160°/hr/ma

, . o
Nominal power required for 100 /sec rate

(about one axis) 40 watts

i

BALANCING/TUNING ADJUSTABILITY

Tuned frequency adjustability +6 Hz' (Mech.)

Axis separation adjustment +.002 In. Minimum

Axial adjustment of rotor "GG" +.003 In. Minimum

Radial adjustment of rotor "GG" . 005 In. Minimum
STRUCTURAL

Minimum low axial frequency (15° CA) 650 Hz

Nominal low torsional frequency (15° CA) 425 Hz
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GYRO NO. ! GYRO NO., 2

GYRO NO. 3

OPTICAL

ALIGNMENT
CUBE
Yy //' X2 SA Zp
Xy l X3
SA ¢— Y2 Y3 )—A Yp
SA Xp
GYRO NO. 1 GYRO NO.2  GYRO NO. 3 DRIRU - I AXES

Figure 1. Exploded View of Gyros and Instrument Mount Showing Gyro Axes
Orientation.
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Figure 2, Schematic Cross-Section of the Strapdown Gyro
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Inner Race

Retainer

Quter Race

Balls

Figure 3.  Disassembled new gyroscope bearing E2 shown with dime to indicate size.
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Figure 4.  Typical particles observed clinging to B40 while
still in gyroscope., 20 x.
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Figure 5.  Typical particles collected off of B40, top, and B58, bottom. 56 X .
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Figure 6. Histograms of particle count of debris--B40, top graph,

and B58, bottom graph.
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Figure 8.

Inner races of bearings—top to bottom—E2,
B40, B58. Note double wear tracks indicated by
arrows on B40 and BS58. 7.5 .
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wear

Figure 9. SEM photos of innter race of E2, top, and wear
area of B40, bottom. 1250x .
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»

Figure 10. SEM photos of balls from E2, top, and B40, bottom. Note “‘large’’ pit is 115 square
micrometers. 1250 % .
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MACS RIU SN23 EVALUATION

Qa4 LON YNV 39vd HNIaIOINJ

Id FaircHILD

SPACE COMPANY

e LOCATED IN MACS MODULE “B” SIDE

o OPERATED IN “OFF" MODE DURING FLIGHT
POWER SUPPLY ON

BUS TRANSCEIVER ON
o VERIFIED OPERATIONAL PRIOR TO LAUNCH, FEBRUARY 1980

e VERIFIED OPERATIONAL POST SMRM, APRIL 1984

e ENGINEERING EVALUATION PERFORMED DECEMBER 1984 - APRIL 1985

e RIU #23 MEETS ALL SPECS OVER QUAL TEMPERATURE RANGE

e NO DEGRADATION OBSERVED



MACS RIU SN23 EVALUATION

Id FaircHILD

SPACE COMPANY

COMMUNICATION AND
DATA HANDLING MODULE
CaDH

PMP

Cu

MODULAR ATTITUDE
COMTROL SYSTEM
ACS

RIU ACE

—<

XPNDR

291

RIUs

0BC

I

Nes4

GROUND

RIU 23 — SENSORS

ACTUATORS

MPS

RIUs
SCCu

RIUs

INSTRUMENT MODULE

RIUs

11




MACS RIU SN23 EVALUATION

[ FaircrHILD

SPACE COMPANY

€91

POST FLIGHT ENGINEERING EVALUATION

VISUAL INSPECTION

AMBIENT PERFORMANCE
AUTOMATED “GO - NOGO"
READ AND RECORD PARAMETERS

ENVIRONMENTAL PERFORMANCE
AMBIENT PERFORMANCE “GO - NOGO”

AMBIENT PERFORMANCE "GO - NOGO”

COLD -20°C (QUAL LIMIT)
2 HOUR SOAK
PERFORMANCE "GO - NOGO”
READ AND RECORD

HOT +60°C (QUAL LIMIT)
2 HOUR SOAK
PERFORMANCE "GO - NOGO"
READ AND RECORD

AMBIENT
PERFORMANCE “GO - NOGO”
READ AND RECORD

INTERNAL VISUAL INSPECTION

NO VISUAL DEGRADATION

PASSED
ALL PARAMETERS WITHIN SPEC

PASSED, RETORQUED CONNECTOR
MOUNTING LUG
PASSED

PASSED
ALL PARAMETERS WITHIN SPEC

PASSED
ALL PARAMETERS WITHIN SPEC

PASSED
ALL PARAMETERS WITHIN SPEC

NO VISUAL DEGRADATION



MACS RIU SN23 EVALUATION

1 MA CURRENT SOURCE
1 mMA
MUX
et
=)
N-9
TRANSDUCER SIGNAL
\\ . ATOD
"7 MUX MUX
CONVERT
HYBRID
BIPOLAR
RETURN
A\ \\\\
7 MUX MUX
l |
TEST LOAD ANALOG CIRCUITS

RIU ANALOG T0 DIGiTAL CONVERSION CIRCUITRY

FAIRCHILD

SFACE COMPANY

BUS
GATING
AND
XMTR

DIGITAL CIRCUITS
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MACS RIU SN23 EVALUATION FAIRCHILD

SPACE COMPANY

G991

ANALOG TO DIGITAL CONVERTER ACTIVE ANALOG LINEARITY

PRELAUNCH POST SMM FLIGHT SPEC + 10MV
12 6 10
1274 1266 1270
AMBIENT 2554 2551 2550
5089 5091 5090
(9 6 10
O 1271 ] 1285 1270
COLD -10°C ¢ 9553 -20°CY 9553 2550
| 5085 5091 5090
(10 6 10

2558 2554 2550

HOT +50°C 1271 +60°C 4 1267 1270
1 5088 5093 5090
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MACS RIU SN23 EVALUATION

I FaircHLD

SPACE COMPANY

ANALOG TO DIGITAL CONVERTER PASSIVE ANALOG LINEARITY

PRELAUNCH

13
AMBIENT 171
2544

9
COLD -10°C 169
2550

10
HOT +50°C 170
2538

-20°C

+60°C

POST_SMM FLIGHT

10
170
2536

171
2544

168
2543

SPEC + 10MV

10
170
2540

10
170
2540

10
170
2540
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MACS RIU SN23 EVALUATION

READ AND RECORD PARAMETERS

PULSE COMMAND

CURRENT
PULSE WIDTH

SERIAL DIGITAL COMMAND

A TO D LINEARITY

SERITAL DIGITAL TELEMETRY

POWER DISSIPATION

PHASE LOCK LOOP

Id FaircrHiLD

SPACE COMPANY



MACS RIU SN23 EVALUATION ﬂ EAIRCHILD

BPACE COMPANY

89T

NO VISIBLE DEGRADATION

READ AND RECORD PARAMETERS WITHIN SPECIFICATION,
SOME “BETTER” THAN PRELAUNCH

NO DEGRADATION DUE TO ON-ORBIT ENVIRONMENT PRECLUDES
REUSE OF RIU

CONSIDER ORBITING RIU’S FOR 4 YEARS PRIOR TO LAUNCH.
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THE FOLLOWING IS AN EXCERPT FROM THE
REPORT '"POSTFLIGHT EVALUATION OF THE
SOLAR MAXIMUM SPACECRAFT MAGNETOMETERS."
THE COMPLETE REPORT MAY BE OBTAINED
FROM THE SATELLITE SERVICING PROJECT
LIBRARY, ( #408-01643), GODDARD SPACE
FLIGHT CENTER.
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OF THE
SOLAR MAXIMUM SPACECRAFT
MAGNETOMETERS

PREPARED BY

Warren D. Dunham
Schonstedt Instrument Company
1775 Wiehle Avenue
Reston, VA 22090

April 8, 1985
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SOLAR MAXIMUM THREE AXIS MAGNETOMETER (TAM)

Manufactured by: SCHONSTEDT INSTRUMENT COMPANY
RESTON, VIRGINIA

Administrative contact: Charles R. Upton
Technical contact: Warren D. Dunham

Solar Maximum Mission spacecraft was leaunched Februery
14, 13880 from Cape Kennedy. Attached to one side of the space-
craft was the Modular Attitude Control System (MACS), manufac-
tured by General Electric. Two Schonstedt magnetometers were
located within the MACS module.

Although primarily wused as a backup attitude determination
system during the Solar Maximum Repair Mission, the magnetometers
were instrumental in stabilizing the spacecraft. The spacecraft
became unstable when retrieval operations were initiated. The
“B." or *“BDOT" program was transmitted to the spacecraft control
unit, and the outputs of one magnetometer were used in coordin-
ation with the spacecraft torqueing bars to stabilize Soilar
Maximum.

In October of 1984 the Solar Maximum magnetometers were
returned to Schonstedt Instrument Company for postflight anal-
yeis. One magnetometer, designated the primary unit, was
utilized by the attitude and control system as required. The
other magnetometer served as a backup wunit in the event the

primary magnetometer failed. No malfunctions occurred with the
primary magnetometer, so the backup magnetometer was never
employed.

When these magnetometers were returned to Schonstedt Instru-
ment Company, they were subjected to the same electrical perform-
ance tests that they experienced prior to delivery to General
Electric. In both instances the magnetometer performance was

exceptional. Postflight test data nearly duplicated preflight
test data.

MAGNETOMETER SERJIAL NUMBER 16851

SENSITIVITY Z2ERQO
(1> Maximum Variation .44 Percent .010 Volts
(2) Average Variation -.11 Percent -.003 Volts
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(3) Standard Deviation .17 Percent .004 Volts

(4) Specification Limit 1.00 Percent .010 Volts

SUMMARY In Spec. In Spec.

MAGNETOMETER SERIAL NUMBER 16852

SENSITIVITY Z2ERO
(1) Maximum Variation .86 Percent .008 Volts
(2) Average Variation .09 Percent -.001 Volts
(3) Standard Deviation .33 Percent .004 Volts
(4) Specification limit 1.00 Percent .010 Volts
SUMMARY In Spec. In Spec.

Postflight testing revealed that both magnetometers still
satisfied the original specification requirements (G.E. Specif-
ication number SV5-8675).

(1> Even though the sensor orthogonality measurements are
still within the original magnetometer specification limits, it
is believed that the sensor alignment angles recorded during
postflight testing should be used for data evaluation. In the
seven years since the Solar Maximum magnetometers were manufac-
tured, the ability to accurately calibrate the sensor alignment
fixture has been improved. Since the magnetometer sensor is a
rigid, encapsulated assembly, it is doubtful that there has been
any change in the sensor alignment. The apparent variation in
alignment is due strictly to an inability seven years ago, to
accurately measure the misalignment error of the old alignment
fixture.

20 The indicated improvement in magnetometer efficiency
is misleading. This particular test is poorly defined in the
original acceptance test procedure and is not easily repeatable
as defined. The acceptance test procedure states that the
magnetometer current will be measured with all outputs in
saturation. However, the magnetometer power consumption is not
symmetrical. The negative supply current is derived from the
magnetometer drive circuitry with a typical efficiency of less
than fifty percent. This means that there is a potential fifty
percent variation in each signal channel operating current
depending upon whether it is in negative or positive saturation.
Moreover, since each channel incorporates output limiting
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diodes, the magnitude of saturation is also critical. This test
should be performed with the magnetometer sensor in a shield.
Only when the magnetometer sensor is in a controlled environ-
ment can we obtain repeatable current measurements.

Retesting of the Solar Maximum magnetometers consisted of
rerunning the preflight ATP with the exception of the random
vibration test. The ATP tests are listed below.

1. Electrical performance @ Room Temperature and 28 VDC

2. Electrical performance @ Room Temperature and 24.5 VDC

3. Electrical performance @ Room Temperature and 31.5 VDC

4. Output Ripple

S. Output Noise

6. Electrical performance @ -10 Degrees Centigrade

7. Electrical performance @ +61 Degrees Centigrade

8. Orthogonality

9. Insulation Resistance

A tabulation summary of the magnetometer test results,
including the variations between preflight and postflight data,
is attached to this report.

Appendix A contains the preflight and postflight test
results for Magnetometer Serial Number 36851, and Appendix B
contains the preflight and postflight test results for Magneto-
meter Serial Number 36852,

Nearly seven years have passed since these magnetometers
were manufactured and the preflight tests performed. Subsequent
to the acceptance tests the magnetometers were subjected to the
phyesical stresses of launch and the spaceflight environment for
almost three and a half years. Considering the elapsed time, the

variation between preflight test data and postflight test data is
trivial.
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SCHONSTEGT INSTRUMENT COMPANY
RESTON, VIRGINIA 22102

MAGNETOMETER S/N:

a2 a

Delta
(Volts)

0.004
-0.007
-0.007

0.001
-0.006
-0.007

0.004
-0.007
-0.007

-0.004
-0.004
-0.005

0.005
-0.008
-0.008

0.010
-0.008
-0.008

0.010
-0.002
-0.003

0.005
-0.0049
-0.004

Q.001
-0.005
-0.005

SENSITIVITY

Teat Axis Output Initial Postflight Delta
(Volte/Gauss) « %X
2 X ACE -10.011 -10.015 0.04
RT RIUA 2.503 2.503 0.00
RIUB 2.507 2.508 0.04
Y ACE -10.016 -10.015 -0.01
RIUA 2.507 2.507 0.00
RIUB 2.513 2.513 0.00
2 ACE -10.008 -10.005 -0.03
RIUA 2.510 2.509 -0.04
RIUB 2.505 2.504 -0.04
17 X ACE -10.056 -10.015 -0.41
HOT RIUA 2.514 2.503 -0.44
RIUB 2.523 2.512 -0.44
Y ACE -10.010 -10.021 0.11
RIUA 2.3505 2.507 0.08
RIUB 2.515 2.917 0.08
A ACE -10.033 -9.99%8 -0.35
RIUA 2.514 2.506 -0.32
RIUB 2.513 2.505 -0.32
18 X ACE -10.024 -10.022 -0.02
COLD RIUA 2.508 2.505 -0.,12
RIUB 2.507 2.505 -0.08
Y ACE -10.022 -10.021 -0.01
RIUA 2.510 2.509 -0.04
RIUB 2.511 2.511 0.00
2 ACE -10.016 -9.997 -0.19%9
RIUA 2.514 2.507 -0.28
RIUB 2.303 2.499 -0.16

TEST #24 - ALIGNMENT (Degrees)

Axis Initial Poatflight Delta
X 0.03 0.16 0.13
Y 0.02 0.07 0.05
2 0.02 0.16 0.14

DATA PAGE # 4

MODEL # SAM-63C-5
2ERO
Initial Posastflight
(Voltse)
0.001 0.005
2.500 2.493
2.499 2.492
0.001 0.002
2.49¢9 2.493
2.498 2.491
0.002 ‘0.006
2.497 2.490
2.499 2.492
0.007 0.003
2.3501 2.497
2.503 2.498
-0.003 0.002
2.505 2.497
2.505 2.497
-0.005 0.005
2.502 2.494
2.506 2.498
-0.006 0.004
2.490 2.488
2.488 2.485
-0.003 0.002
2.490 2.486
2.489 2.485
0.001 0.002
2.490 2.485
2.491 2.486
Spec. Limit
0.25
0.25
0.25
Spec. Limi
60



SCHONSTEDT INSTRUMENT COMPANY
VIRGINIA 22102

RESTON,

Number Initial

MAGNETOMETER S/N: 16851
MODEL # SAM-63C-S
DATA SUMMARY
SENSITIVITY Z2ERO
Postflight Delta 1Initial Postflight Delta
(Volts/Gauss) «C % ) (Volts) (Voltae
-10.011 -10.015 0.04 0.001 0.005 O,004
2.903 2.9503 0,00 2.500 2.473% - .07
2.507 2.508 0.04 2.499% 2.492 -0,007
-10.016 -10.019% -0.01 0.001 0.002 QL0
2.507 2.507 0.00 2.499 2.493 -0.00¢
2.913 2.513 0.00 2.498 2.491 -0.007
-10.008 -10.005 -0.03 0.002 0.006 0.0Nn4q
2.510 2.509 -0.04 2.497 2.490 -0.007
2.305 2.504 -0.04 2.4%9S 2.492 -0.007
-10.056 -10.015 -0.41 0.007 0.003 -0.004
2.514 2.503 -0.44 2.501 2.497 -0.004
2.523 2.512 -0.44 2.503 2.498 -0.005
-10.010 -10.021 0.11 -0.003 0.002 0.005
2.50% 2.507 D.08 2.5095 2.497 -0.008
2.515 2.517 0.08 2.505 2.4897 -0.008
-10.033 -8.998 -0.35 -0.005 0.00% 0.010
2.514 2.506 -0.32 2.502 2.494 -0.008
2.513 2.505 -0.32 2.506 2.498 -0.008
-10.024 -10.022 -0.02 -0.006 0.004 0.010
2.508 2.3505 -0.12 2.490 2.488 -0.002
2.507 2.505 -0.08 2.488 2.485 -0.003
-10.022 -10.021 -0.01 -0.003 0.002 0.005
2.510 2.509 -0.04 2.490 2.486 -0.004
2.511 2.511 0.00 2.489 2.485 -0.004
-10.016 -9.997 -0.19 0.001 0.002 0.001
2.514 2.507 -0.28 2.490 2.485 -0.00S5
2.503 2.499 -0.16 2.491 2.486 -0.005
SENSITIVITY Z2ERO
Variation (Percent) Variation (Volts)
Maximum 0.44 Maximum 0.010
Average -0.11 Average -0.003
Datd. 0.17 Datd. 0.005
Spec limit 1.00 Spec limit 0.010
SUMMARY In Spec. SUMMARY In Spec
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ORIGINAL PAGE IS
OF POOR QUALITY

SCHONSTEDT INSTRUMENT COMPANY

RESTON, VIRGINIA 22102
SENSITIVITY

Teat Axis QOutput Initisl Postflight Delta
(Volts/Gauss)? « x D
2 X ACE -10.001 -10.007 0.06
RT RIUA 2.501 2.506 0.20
RIUB 2.508 2.510 0.08
Y -10.0 -10.024 -10.01% -0.09
RIUA 2.507 2.907 0.00
RIUB 2.499 2.501 0.08
2 ACE -10.019 -10.015 -0.04
RIUA 2.502 2.500 -0.08
RIUB 2.502 2.500 -0.,08
17 X ACE -9,995 -10.007 0.12
HOT RIUA 2.493 2.507 0.56
RIUB 2.501 2.513 0.48
Y ACE -9.931 ~-10.017 0.86
RIUA 2.485 2.506 0.84
RIUB 2.480 2.500 0.80
2 ACE -10.031 -10.008 -0.23
RIUA 2.506 2.499 -0.28
RIUB 2.509 2.502 -0.28
18 X ACE -10.013 -10.012 -0.01
COLD RIUA 2.508 2.507 -0.04
RIUB 2.507 2.507 0.00
Y ACE -10.027 -10.028 0.01
RIUA 2.510 2.510 0.00
RIUB 2.501 2.501 0.00
2 ACE -10.029 -10.010 -0.19
RIUA 2.505 2.499 -0.24
RIUB 2.500 2.496 -0.16

TEST #24 - ALIGNMENT (Degrees)

Axia Initial Postflight Delta
X 0.03 0.16 0.13
Y c.02 0.07 0.05
2 0.02 0.16 0.14

DATA PAGE # =)

MAGNETOMETER 3/N: 1852
MODEL # SAM-63C-5
Z2ERO
Initial Postflight Delta
(Volts) (Volta)
0.003 0.003 0.020
2.497 2.492 -0.004
2.503 2.493  -0.00C4
0.001 0.002 0.001
2.304 2.495 -0.0093
2.500 2.499 -0.001
0.002 0.004 O.002
2.499 2.494 -0.00S
2.499 2.494 -0.005
-0.002 0.003 0.005
2.503 2.498 -0.005
2.510 2.504 -0.006
-0.001 0.002 0.003
2.505 2.500 -0.005
2.509 2.504 -0.005
0.001 0.004 0.003
2.502 2.497 -0.005
2.504 2.499 -0.005
-0.003 0.003 0.006
2.491 2.490 -0.001
2.493 2.496 0.003
0.000 0.002 0.002
2.483 2.4%92 -0.001
2.498 2.496 -0.002
-0.001 0.003 0.004
2.494 2.492 -0.002
2.493 .491 -0.002
Spec. Limit Summary
0.25 In Spec
0.25 In Spec
0.25 In Spec
Spec. Limit Summary
60 In Spec



ORIGINAL PAGE IS
OF POOR QUALITY

SCHONSTEDT INSTRUMENT COMPANY

RESTON,

VIRGINIA 22102

Number Initial

VONOANLWN

10
11
12
13
14
15
le
17
18
is
20
21
22
23
24
25
26
27

(Volt

-10,001
2.501
2.508

-10.024
2.507
2.499

-10.019
2.502
2.502

-9.995
2.493
2.9501

-9.931
2.485
2.480

-10.031
2.506
2.509

-10.013
2.508
2.507

-10.027
2.510
2.501

-10.029
2.505
2.500

MAGNETOMETER S/N: 16852
MODEL # SAM-63C-5
DATA SUMMARY
SENSITIVITY Z2ERO
Poastflight Delta 1Initial Postflight Delta
s/Gausa) ¢ % ) (Volts) (Volts)
-10.007 0.06 0.003 0.003 0.000
2.506 0.20 2.497 2.493 -0.004
2.510 0.08 2.503 2.499 -0.004
-10.,015 -0.09 0.001 0.002 0,001
2.507 0.00 2.504 2.495 -0.009
2.501 0.08 2.500 2.4%88 -0.001
-10.015 -0.04 0.002 0.004 ©.002
2.500 ~-0.08 2.499 2.494 -0.005
2.500 -0.08 2.499 2.494 -0.005
-10.007 0.12 -0.002 0.003 0.005
2.507 0.56 2.503 2.498 -0.005
2.513 0.48 2.510 2.504 -0.006
-10.017 0.86 -0.001 0.002 0.003
2.506 0.84 2.505 2.500 -0.005
2.500 0.80 2.509 2.504 -0.005
-10.008 -0.23 0.001 0.004 0.003
2.499 -0.28 2.502 2.497 -0.005
2.502 -0.28 2.504 2.499 -0.005
-10.012 -0.01 -0.003 0.0C3 0.006
2.507 -0.04 2,491 2.490 -0.001
2.507 0.00 2.493 2.496 0.003
-10.028 0.01 0.000 0.002 0.002
2.310 0.00 2.493 2.492 -0.001
2.501 0.00 2.498 2.496 -0.002
-10.010 -0.19 -0.001 0.003 0.004
2.499 -0.24 2.494 2.492 -0.002
2.496 -0.16 2.493 2.491 -0.002
SENSITIVITY Z2ERO
Variation (Percent) Variation (Volts)
Maximum 0.86 Maximum 0.009
Average 0.08 Average -0.001
Datd. 0.33 Datd. 0.004
Spec limit 1.00 Spec limit 0.010
SUMMARY In Spec. SUMMARY In Spec
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INTRODUCTION

On 24 January 1985, the four Solar Maximum Mission Reaction
Wheels, S/N 102 through 105 were returned to Sperry for post
flight analysis. The analysis consisted of visual examination,
preliminary electrical checks, performance testing at ambient,
hot and cold temperature environments, and intermal pressure
measurements, Based on the performance test results and past
utilization in space, one reaction wheel was selected for
teardown to study lubricant distribution, bearing and reservoir
lube loss, bearing raceway condition and visual examination of
conformal coating, soldering, and other internal features,

BACKGROUND

On 24 January 1985 the four Reaction Wheel Assemblies of the
Solar Maximum Mission (SMM) were received from Goddard Space
Flight Center on a loan basis for purposes of post flight
analysis of the units, The four Reaction Wheels, S/N°s 102, 103,
104, and 105 were fabricated at Sperry Flight Systems and
delivered to G.,E. in late 1978, The flight units were launched
into space in February 1980 and after several months into the
mission encountered electrical interface problems resulting in
power loss to the Reaction Wheels., The Reaction Wheels were
retrieved from the satellite and returned to earth in April 1984,
The resultant accumulated space operation hours and reaction
wheel utilization is presented in Figure 2,0.

VISUAL INSPECTION OF RECEIVED UNITS

The Reaction Wheels were receive on 24 January 1985 and
found packaged separately 1in wooden crates which all appeared in
normal condition with crate bands 1in place. The crates were
opened one at a time and the units examined.. All the flight
units in general were in good condition. Each housing revealed a
white paste on the mounting pads belleved to be conductive
contact paste, The housing for flight unit S/N 103, contained an
approximate 1/4" length dent on the housing cover”s outer edge
approximately 130 CCW from the connector when viewing down on
the unit, The dent had apparently been previously touched up
with bits of the touchup paint chipped away exposing the base
metal. All I.D. plates appeared in good condition, Connectors
and pins for each unit were in good condition, with pins straight
and knick free, however, small metallic debris was located on the
connector grommet for RWA S/N 103. Other unit”s grommets were
clean,
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S/N

Operational
Hrs., @
Sperry

Operational
Hrs, @ G.E,
(est.)

Actual Space
Hours
(est,)

Total
Hours
(est)

Space Utilization
and Comments

102

213

500

6500

7212

Reaction
utilized
Attitude

Wheel
in Pitch
Control

103

233

500

6000

6733

Reaction
utilized
Attitude
and also

Wheel

in Roll
Control
experi-

enced a no-load/
overtemperature

( 60 C) condition
for approximately
3 hours due to a
control software

problenm

104

199

500

1000

1699

Reaction
utilized
Attitude

Wheel
in Skew
Control

105

203

500

6500

7203

Reaction
utilized
Attitude

Wheel
in Yaw
Control

RWA Space Utilization

Table 2,0
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PRELIMINARY ELECTRICAL TESTING

Following visual examination of the flight units,
preliminary electrical tests: continuity, bonding, and isolation
were conducted. Two units were within the acceptance test
limits of 0,0025 ohms., The actual bonding resistances recorded
for RWA“s S/N 102 and 103 were 0.0040 and 0.0051, respectively.
These bonding resistances were not considered excessive and all
RWA“s proceeded to pressure transducer electrical measurements,
The pressure transducer measurements revealed internal pressures
far below atmospheric for all units therefore indfcating that the
vacuum seal was still present., The RWA“s proceeded to power
run-up for initial coastdown drag torques.

PRELIMINARY REACTION WHEEL RUN-UP/COASTDOWN

Initial power run-up and coastdown was completed on RWA”s
S/N“s 102 throught 105 with coastdown torque vs., wheel speed
presented in Figure 5.0, The drag torque curves show S/N°s 102,
103, and 105 to be near identical at 2000 RPM (1.5 - 1.6 oz-1in)
and decreasing uniformly. The coastdown drag torque curve for
RWA S/N 104 presents a lower drag torque curve than S/N°s 102,
103, and 105 at 2000 RPM (1.20 o0z-in) decreasing to zero speed.
The drag torques of all units confirmed the presence of low
internal housing pressures suitable for start of performance
testing.

PERFORMANCE TESTING

Performance test was conducted using the Manual Test Console
(MTC) Data Acquisition S